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FOREWCRD -

This document was prepared in compliance with the requirement for the

. final report for National Aeronautics and Space Administrstion contract
NAS 7-124, "Propulsion Requirements for Soft landing in Extraterrestrial
Environmentsg."

ABSTRACT )
. \'\q [+
| | ds
Volumes ITA and IIB, "Propulsion Requirements for Soft landing in Extra-
terrestrial Tavironmenis," present the analyses conducted under NASA
Contract NAS 7-124. Landing trajectory concepts applicable to landings
on the moon, Mars, Venus, lercury and the Earth were analyzed to define
the required propulsive maneuvers and to determine the optimum charac-
teristics of propulsion systems for performance of these maneuvers,
Related investigations presented herein were conducted to determine
approprizste interplanetary trajectories upon which to base landing
analyses and to evaluate takeoff propulsion requirements. ;‘

M
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INTRODUCTION

Presented in this volume are the analyses conducted and results obtained in
the study, "Propulsion Requirements for Soft Landing in Extraterrestrial
Envirorments." The study was performed (1) to define the most suitable
landing concepts for landings on Mars, Venus, Mercury, Farth and the moon,
in order to specify the required propulsive phases, and (2) to determine the
optimum characteristics of propulsion systems for these propulsive phases.

Analysis of landings on, these bodies entailed initially the selection of
appropriate transfer trajectories and consequent planetary arrival conditionsj
these results provided the applicable initial conditions upen which to base
subsequent studies of landing maneuvers. The sequence of maneuvers comprising
an extraterrestrial landing operation was dependent. primarily on the presence
or absence of an atmosphere about the destination body. As a result, the
landing maneuver profiles were qualitatively, though not quantitatively, ,
similar for the all-propulsive lunar and Mercury landings, and for the Earth,
Mars and Venus landings, which utilized the atmospheres of "those bodies for a
major part of the required vehicle deceleration.

For a landing mission as defined in this study, the first in the chronological
sequence of propulsive and aerodynamic maneuvers corsidered for terrestrial
and extraterrestrial landing phase analyses was the propulsive terminal
correction utilized to establish the initial conditions required for safe
entry into a planetary atmosphere or deceleration into a prescribed plane-
tocentric circular orbit. This maneuver, in preference to earlier (e.gz.,
midcourse correction) or later (e.g., deceleration into orbit) maneuvers

was chosen, first, because it is essential to satisfactory performance of

any subsequent maneuvers, and second, because it is the earliest maneuver
primarily influenced by the gravitational field of the destination planet.

Subsequent to the terminal correction, the maneuvers considered for planets
having atmospheres were: orbit-establishment, with or without aerodynamic
drag providing a portion of the required deceleration; direct aimospheric
entry; and near-surface deceleration and maneuvering by means of parachute/
retrorocket systems. For Mercury and the moon, neither of which has an
atmosphere, the maneuvers of imterest were direct landing, or alternatively,
orbit-establishment and landing-from-orbit, and propulsive near-surface
translation and descent. ' ' '

The basic results of the study were the definition of the propulsive maneuvers
associated with landings on each of the destination bodies, and specification
of the velocity requirements and optimum propulsion system parameters for
these maneuvers. :
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@)

NROCKETDYNE

A DIVISION OF NORTH AMERICAN AVIATION. INC.

LANDING MISSION CONCEPIS

FACTORS AFFECTING LANDING ANALYSIS

Transfer Phase and Planetary Environment

A lunar or interplanetary round-trip mission is comprised of a.sequence of
closely interrelated propulsive and nonpropulsive phases which can be
described broadly by the chart in Figure 1 . The objective of this
program was an investigation of terrestrial and extraterrestrial landings.
Hovever, the landing investigations require analyses or review of the mission
phases which precede and follow the landing phase to adequately provide
data for comprehensive investigation of the landing phase. With the excep-
tion of landing-from-orbit and takeoff-to-orbit maneuvers, the trajectory
and vehicle characteristics of any portion of an overall space vehicle
system cannot be optimized without consideration of other aspects of the
vehicle and mission. Therefore, with the discussions of the discrete
phases of planetary landings, the necessary descriptions of interplanetary
trajectories and planetary takeoff requirements are included.

.Representative interplanetary trajectories, related to the landing missions

considered, are described as part of a planet-by~planet presentation of
extraterrestrial landing and takeoff analyses. For each planet, the
landing mission is characterized by & sequence of maneuvers; the nature

of these maneuvers is governed primarily by the presence or absence of an
atmosphere about the subject planet. For example, a lunar landing must

be entirely propulsive and therefore entails a major deceleration phase,
either from orbit or from a transfer trajectory, a hover/translation phase
and a vertical descent phase, all of which are rocket-powered. The
corresponding portions of & Mars landing utilize aerodynamic vehicls drag
for most of the required velocity cancellation, parachute drag for further
deceleration and maneuvering, and possibly a small rocket for a final
small amount of deceleration prior to impact.

Propulsion System

The principal objective of maneuver analysis was the determination of velo=
city requirements and optimum thrust-to-weight ratios for each of the
propulsive maneuvers considered. It should be noted that each of these
paranmeters is affected by propulsion system or vehicle characteristics

for which accurate specific values are known only approximately at best.
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Examples of such parameters include specific impulse, interplanetary
transfer duration, propellant tank weight and engine weight. Of these,

the latter is the most significant in thrust-to-weight (F/W) optimizations,
and is therefore treated parametrically in F/W optimization analyses.

The others do not generally have sufficient influence on optimm F/W to
warrant parametric treatment; fixed values are usually selected for
analyses, based on representative engine and vehicle characteristics.

Thus in the data presented, the specific impulse of a propulsion system
intended to be representative of an 02/H2 system might range between 400
and 440 seconds. The precise value, as indicated in Figure 2 , 1is
dependent on chamber pressure, mixture ratio and expansion area ratio
(and on combustion efficiency, nozzle efficiency and engine type), but
since knowledge of the precise value of specific impulse has negligible
bearing on velocity requirements or F/W optimization, the selection of
detailed engine operating parameters was reserved for separate study.
Similarly, noncryogenic propellants are represented by specific impulse
values between 300 and 325 seconds, though in fact the precise value 1s

determined by specific engine characteristics.

LANDING MANEUVERS

The major deceleration phase of an extraterrestrial landing may be
accomplished in a single maneuver directly from the approach trajectory
or by a sequence of two maneuvers in vhich the vehicle first decelerates
into an orbit about the destination body and subsequently descends to
the surface. The approach velocity can range from a value slightly in-
excess of the local planetocentric parabolic velocity, as in the case
of an elliptic Earth-Moon trajectory, to several times parabolic wvelocity,
as for fast, hyperbolic, interplaneiary trajectories. - Both the type of
landing trajectory selected and the type of devices employed for decel-
erating the vehicle are strongly dependent on the presence or absence

of an atmosphere about the destination body.

Direct landings

A direct landing from supersatellite veloclty can be performed in several
ways. These trajectories have been divided into three major types:

1. Direct Vertical Landing

For this type of landing, the’ vehicle approaches the destination
planet along a vertical flight path. Propulsion is applied at
the correct altitude to brake the vehicle for the landing, or,
if the destination planet has an atmosphere, no propulsion is
applied and aerodypamic drag slows the vehicle.

4
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2. Direct Nonvertical landing

The vehicle approaches on a parabolic or hyperbolic path which

is somewhat displaced from a vertical landing approach trajectory,
and would, in the absence of a planetary atmosphere or a propulsive
braking phase, bypass, or impact obliquely, the destination planet.
Propulsion or aerodynamic braking slows the vehicle for the landing.
The nature of the approach flight path is selected to correspond

to the characteristics of the landing vehicle,

3. Grazing Approach Ianding

This landing trajectory type is for aerodynamic braking only.

The approaching vehicle grazes the planetary atmosphere, and then,
slowed by drag during the graze, again leaves the atmosphere.
Subsequently, the vehicle may circle the planet in an elliptical
orbit before again entering the atmosphere or, if it has been
slowed sufficiently, reenter after only a short skip out of the
atmosphere. One or more grazes may be necessary before the
vehicle is.slowed to a velocity suitable for the final braking

entry.

A summary of aerodynamic and propulsive breking for the three types of
landings from supersatellite velocity is presented in Figure 3 . Of
the three types considered, the direct nonvertical landing appears to
be the concept best suited to extraterrestrial soft landings whether
propulsive or serodynamic breking is used.

Orbit Establishment From Supersatellite Velocity

The establishment of a parking orbit from the approach trajectory may be
desirable in many missions. This aspect of landing trajectories has been
divided into two major types.

1. Direct Orbit Establishment

In this maneuver the vehicle, when it is in the vicinity of
the target planet, is propulsively decelerated to orbit velocity.

2. Grazing Approach Establishment

In this maneuver, the vehicle grazes the atmosphere of the
target planet. After the graze, the vehicle, slowed by drag
.during the graze, leaves the atmosphere. One or more of

these <razes can be used to slow the vehicle so that it leaves
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the atmosphere with the approximate velocity of a low altitude
planetary orbit. After the final graze, a short propulsive
phase is utilized to establish a suitable orbit above the
atmosphere. :

Further comments on these two orbit-establishment methods are presented
in Figure 4 . The grazing approach orbit establishment technique
offers higher vehicle payload than does propulsive orbit establishment,
since aerodynamic braking devices are generally lighter than propulsion
systems for the same task. The grazing approach, however, is applicable
only for planets with atmospheres and consequently, in some cases,
propulsive orbit establishment must be selected.

Ianding-From—Satellite Velocitx

The descent-from—orbit phase of landing trajectories has been divided
into two major types.

l. Orbit Decay Landing

If the orbit altitude is sufficiently low,the vehicle experiences
aerodynamic drag, and the altitude of the orbit is slowly
decreased. Subsequently, the vehicle enters dense enough
-atmosphere to introduce a period of high deceleration, and

the vehicle 1s slowed for landing.

2. Direct Landing |
In this landing conéept, the vehicle is braked in orbit propul-
sively to initiate descent. If the planet has an atmosphere,
the vehicle. can enter the atmosphere and perform an asrodynamic
landing.

Further comments on 1anding from satellite velocity are presented'in

"Figure 5 . Of the two major trajectory types, direct landings would

be the type used in most instances. Few applications, if any, would be
found for orbit decay because of the difficulty in predicting time and
place of descent. ‘
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DECELERATION METHCDS

Aerodynamic landing

Determining a suitable entry corridor (Figure 6 ) is required for analysis
of the landing trajectory for an aerodynamic landing vehicle. The entry
corridor can be defined either by the use of entry angle (angle of the
vehicle velocity vector when the vehicle is at a specified altitude above
the atmosphere) or by virtual periapsis (the periapsis that the entry conic
would have if there were no planetary atmosphere). The undershoot boundary
(lowest periapsis or highest entry angle) and the overshoot boundary
(highest periapsis or lowest entry angle) are the boundaries of the entry
corridor, and the entry corridor is defined by an entry angle range or by

a corridor depth (the difference between the virtual periapsis of the
overshoot and undershoot boundaries).

If a vehicle enters into the atmosphere at too shallow an entry angle, it
will not be slowed sufficiently to remain within the atmosphere. The entry -
angle of the overshoot boundary must therefore be high enough to prevent
skipping out of the atmosphere. Entry on the overchoot boundary results

in a higher total heat transfer to the vehicle than do steeper entries.

The overshoot toundary entry angle must therefore also be high enough to
prevent too high a total heat transfer to the wehicle.

On the undershoot boundary, the vehicle enters the atmosphere at a steeper
angle than on the overshoot boundary. This results in higher decelerations
and higher heat trensfer rates. The undershoot boundary is therefore
selected so that vehicle deceleration and heat transfer rate limits are
not exceeded. ’

The entry corridor for a lifting vehicle is wider than that of a ballistic
vehicle. Negative lift,up to an approximate lift-to-drag ratio (L/D) of
0.5, will increase the overshoot boundary height and positive lift, up to
an L/D of approximately 2, will decrease the undershoot boundary height.
A modulated L/D would further decrease the undershoot boundary.

The use of a vehicle bank angle to provide for lateral maneuvering
increases heating rate and deceleration for an aerodynamic vehicle. For
normal entry maneuvering, the effects should not be inordinately large
since the correction required to arrive in the desired landing plane will
probably be made propulsively while approaching the planet.
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During entry into a planetary atmosphere, an aerodynamic braking vehicle
experiences high heating rates. Heating rates are strongly influenced by
entry velocity, increasing rapidly as entry velocities become greater.
Vehicles entering at satellite velocity experience convective heating
primarily. During hyperbolic entry, howvever, radiestion and nonequilibrium
radiation dominate Lieat transfer. Since heating rates increase rapidly
with high vehicle entry velocity, propulsive breking before entering the
atmosphere may be required to reduce serodynamic heating. Vehicle
deceleration during aerodynamic breking aslso increases with wehicle

entry velocity. For a vehicle with a specified peak-deceleration limit,
therefore, a propulsive braking phase before entry may also be required.

The plenets, Earth, Mars, and Venus are of interest in the study of aero-~
dynamic braking. Since much more information is available for Earth
aerodynamic entries than for the planets Mars and Venus, a comperison of the

“entry problems for these planets with Earth entry is of interest. Imn-

Table 1 (Reference 1 ) a comparison is made of total heating (q),
maximum heating rate (§), maximum Gecelerstion (G), and entry corridor
width (h) for the three planets.

TABIE 1
Satellite Entry ' Parabolic Entry
G 4 q G- h q .  gq
Earth 1 1 1 1 1 1 1
Mars T 0.4 0.1 0.2 ) 1 12 0.5 0.2
Verms 0.9 0.8 0.9 1 1 0.9 1

In Table 1 it is indicated that the aerodynamic entry problems for Earth.
and Venus are similer. Entry at Mars, however, is less difficult than at
either Earth or Venus because the atmosphere of Mars has a lower density
variation with altitude than the atmospheres of Venus and Earth; in
addition, the lower gravity of Mars reduces the problems associated wvith

an aserodynamic landing.

Propulsive Landing

Analysis of propulsive landing maneuvers entails primarily that ideal
velocity requirements be determined for the type of trajectory selected;
this quantity is dependent upon the wvehicle thrust-to-weight ratio, the

FORM 608-B (LEDGER) REV. 1-58



o)

®)

ROCKETDYMNE

A DIVISION OF NORTH AMERICAN AVIATION, INC

vehicle thrust orientation progrem, and the type of propulsion system
being considered. From consideration of the, ideal velocity requirements
for the landing maneuver and the effect of the landing maneuver on
propulsion system design (thrust level, throttling requirement, restart
capability), vehicle design (mexirum deceleration, velocity at vehicle
impact), and guidance requirements, suitable systems cen be selected.

A tangential thrust program is an efficient method of velocity reduction
and is reasonable choice for most propulsive braking maneuvers. Engine
operation at maximum thrust (no throttling) minimizes gravity losses
during the propulsive maneuver and consequently would be used in most
propulsive braking maneuvers. Restarts should be avoided whenever
possible to increesse system reliability.

Combined Propulsive and Aerodynamic landing

During entry intc a planetary atmosphere at supersatellite velocity,
vehicles experience high heating rates and decelerations. To reduce
heating and/or deceleration, it may be necessary (or desirable from the
payload standpoint) for a propulsive phase to precede the aerodynamic:

entry.

As the vehicle approaches the plsnetary atmosphere, 1t will increase in
velocity due to the acceleration caused by the planetary gravity field.
A vehicle-velocity reduction of magnitude, AV, decreases vehicle energy
by the greatest amount if it is applied at the highest possible vehicle
velocity. A propulsive phase should, therefore, occur vhen the vehicle
has its highest velocity, or just before aerodynamic braking begins. The
propulsive phase of a combined propulsive-aerodynamic landing therefore
takes place just above the planetary atmosphere. After the propulsive
braking phase, the propulsive braking system would probably be jettisoned
and the remaining conventional aerodynamic vehicle would enter the
planetary atmosphere.

For a combined propulsive aerodynamic braking, an optimization must be
conducted to determine the distribution of the total vehicle velocity
reduction between the propulsive and aerodynamic phases. Except for
this optimization, each phase should not appreciably influence the other.
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Review

‘The following tables review the trajectory concepts and propulsion
applications for extraterrestrial landings.

TABIE 2

LANDING ON PLANETS WITH NO ATMOSPHERE

Trajectory Concept = Potential Propulsion Phases
1, Direct Nonverticel Landing Approach Trajectory Correction
from Supersatellite Velocity Major Breking
. ~ Near Surface Maneuvering
2. Direct Orbit Establishment - Approach Trajectory Correction

from Supersatellite Velocity Major Breking ,
: Orbit Correction

3. Direct lLanding from -
“’ ) Satellite Velocity -Deorbiting

Major Braking
1 ' Near Surface Maneuvering

TABIE 3

LANDING ON PLANETS WITH ATMOSPHERE

Trajectory Concept Vehicle Type Potential Propulsion FPhases
1. Direct' Nonvertical lifting Body Approach Trajectory Correc-
5 Landing from Super- of Ballistic tion

satellite Velocity Braking (Prior to Aerodwnamic

Entry to Reduce Heating
and/or Deceleration)

2. Grazing Approach - Lifting Body Approach Trajectory Correc-
Orbit Establishment tion
Braking (Prior to Aerodynamic
En to Reduce Heating
and/or Deceleration)
Orbit Establishment (After
Graze)

b ) ' Orbit Correction
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TABIE 3
(Continued)

3. Trajectory Concept Vehicle Type

3. Direct Landing-from Ballistié
Satellite Velocity Airplane

16
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EARTH RETURN -MISSIONS

ATMOSP}ERIC ENTRY AND TERMINAL CORRECTICN REQUIREMENTS

The trajectory of a space vehicle approaching a planet defines the
conditions at atmospheric entry, and determines if propulsive maneuvers
are required to facilitate safe aerodynamic entry. If the entry conditions

are unacceptable, the trajectory of the vehicle must be altered through use
of a terminal correction to provide the correct conditions.

Particular return-to-Earth missions were selected for investigation of
terminal corrections. For this investigation, a specific vehicle config-
uration and an entry-corridor characteristic of that configuration were
selected and defined. The required cheange in the planetary approach path
was studied to determine 1) the magnitude of velocity increment to perform
a terminal correction 2) the optimum range at which to apply the corrective
maneuver and 3) the deviation from nominal entry conditions resulting from
errors encountered in executing terminal corrections.

Earth-Return Missions Description

To provide atmospheric entry conditions encompassing the range that can
presently be anticipated for interplanetary missions of the near future,
three round-trip missions, two to Mars and one to Vemus, were selected.
Neither the outbound nor the return phases of any of the three missions
were selected to minimize the energy recuirements. Instead velocity
requirements were campromised to achieve relatively short mission times.
Further, the return phases of the three missions were intentionally biased
toward presenting a wide range of arrival velocities at Earth. Trajectory
details for the missions are presented in Table 4 . A more detailed
discussion of mission selection is presented in conjunction with the sections
devoted to each of the destination planets. The six trajectories for the
three missions are mumbered for convenient reference in subsequent areas in
the analysis.

Atmospheric Entry

The major factors determining the role an atmosphere plays in a space
mission are the entry velocity, incident angle at which a vehicle enters
the atmosphere and the vehicle design. (For analysis purposes, a specific
altitude above the effective atmosphere was defined to provide a basis for
specification of entry corridor parameters; for Earth this altitude is

17
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400,000 feet.) If the entry angle is too high for the entry velocity, an
M™indershoot" occurs where the atmospheric entry results in a higher

decelerstion rate than allowable, At the other extrene, too shallow an '
entry angle results in an "overshoot" where the atmospheric deceleration is

insufficient, thus allowing the space vehicle to skip out of the atmosphere
(Figure 7 ). There are particular combinations of velocity and entry angle,
for a given vehicle design, that define an an entry corridor suitable for
aerodynanic landing. :

Entry Vehicle. Aerodynamic landing vehicle configurations (Figure 8 )
are of three major types; ballistic (Mercury Capsule), lifting bodies,

and airplane (Dynasoar). The ballistic configuration has no 1lift. Lifting
bodies have L/D values up to approximately 1.5, and the airplane is capable
of - somewhat higher L/D values (about 2 for Dyna-soar). '

The ballistic vehicle, with its blunt shape, lends itself to the use of an
ablative heat shield. Also relatively blunt are the lifting bodies which
would also probably be cooled by this method. The airplane configuration,
because of its high wing area, would probably reguire heavy heat shields

if ablative cocling were used. A major portion of the vehicle would have
to be radiation cooled for this tyvpe of vehicle to be practical. Airplane-
type vehicles could be flown and landed like cenventional aircraft, and for
this reason, may find applications where heating is not too severe.

Analyses conducted by General Dynamics/Astronautics, using simulated reentry

" trajectories, were made to define those trajectories that are within specified
maximum deceleration g limits. In these analyses, three entry vehicles, shown
in Figure Q@ , were selected as representative of the spectrum of possible
configurations. The relation between payload and entry-vehicle weight (air-
frame structure, not including heat shield or payload) is shown in Figure 10
based on preliminary calculations.

The ballistic coefficient or wing loading for the vehicle was 50 lb/ftz.

The drag vehicle followed a ballistic path. The modified drag (Egger's)

body used values of L/D up to 0.5 amd Cr(max) WP to 0.3. Lift modulation
was not applied for this preliminary investigation. The lifting vehicles
analyzed were flown a fixed attitude for discrete intervals along the
trajectory as follows: :

Boundary Interval ' Attitude
Undershoot Entry to <= 0 + (1/D)

max
=0 to Surface (L/D)max

(cr)
(P

Overshoot Entry to Circular Velocity
Circular Velocity to Surface

+

19
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Lifting Body

Airplane

Ballistic

Figure g . Aerodynamic Vehicle Configurations
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Overshoot boundaries and undershoot boundaries, for 6 g and 30 g maximum
deceleration, were determined for the various vehicle designs. The entry
conditions and resulting atmospheric deceleration trajectory profile for
a modified drag vehicle having a high maximum deceleration are shown in
Figure 11 .

Examination of entry trajectory analyses results indicates that the ballistic
entrv-vehicle design has the most stringent entry corridor requirements.
Since this is a realistic system design, and entry vehicle design analysis
has not progressed to the point of selection of optimum design concepts, the
entry requirements for this vehicle were selected to determmine terminal
correction requirements.

niry Corridor. The Earth Entry corridor requirements for a drag vehicle -
are cdescribed in Figure 12 . The upper (undershoot) boundary of entry
angles represents tolerable deceleration loads, and the lower (undershoot)
boundary is that which prevents the vehicle from skipping out of the atmos-
phere instead of performing a landing maneuver. The nominal entry angle,
used in the terminal correction analysis, is also shown. .

A vehicle can successfully achieve an atmospheric entry and deceleration
for landing if, at the entry altitude, the velocity and entry angle corres-~
pond to a point within the confines of the corridor. The entry velocity
and entry angle are determined by the approach trajectory to the planet.

Terminal Correction

Correction Requirements. The trajeciory of a space vehicle must be exact-

ingly controlled for a successful transfer between celestial bodies; an
incorrect trajectory causes the vehicle to miss rendezvous. The required
trajectory accuracy may be achieved either at launch or by midecourse .
corrective maneuvers performed during the transfer. Present state-of-the~
art accuracies of tracking, guidance, and propulsion prevent establishment
of the correct transfer path at planetary departure. Therefore, midcourse
corrective propulsion maneuvers are a requisite. However, the midcourse
corrective maneuver is itself subjecct to inaccuracies in tracking, location
and in maneuver execution. This necessitates multiple corrections during
the transfer phase.
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Midcourse corrections for the space missions presented in Table 4  were
reviewed based on methods developed at Rocketdyne for NASA contract

NAS 7-88 "Space Transfer Propulsion," described in Reference 2 .
Inaccuracies associated with planetary departure and midcourse corrective
maneuvers, and the resulting accuracy of planetary rendezvous are also
based on this reference.

After the final midcourse correction, the vehicle coasts to the region of
space where the wehicle motion is governed primarily by the gravitational -
field of the planet. The vehicle approaches the planet along a planeto-
centric hyperbolic trajectory. In each mission, because of the various
errors in the final midcourse corrective maneuver, the -actual planetary
approach hyperbola is not the desired one.

Deviations in the desired asymptotic approach distances existed at com-
pletion of the midcourse correction program (Table 5 ). In each mission,
the deviation translated to an atmospheric entry condition outside the
defined entry corridor. Thus, a2 necessity existed for additional corrective
maneuvers (terminal maneuVerss to be applied in the proximity of the target
planet to ensure a tolerable atmospheric entry.

TABLE 5

PLANETARY ARRIVAL CONDITIONS

Trajectory Hyperbolic Nominal Deviation in Actual
Number Arrival Asymptotic Asymptotic Asymptotie
Velocity Approach Approach Approach
(Vo ), . Distance (D) Distance Distance (Da)’
ft/sec n mi (D), nmi n mi
2 143,500 14580 340 L4920
L - 29,000 5660 2700 8360
6 ' 12,650 10,500 - 2h20 12,920

Correction Objectives

Terminal correction maneuvers are specifically defined as those trajectory
corrections occurring after the vehicle is in that region of space where
the gravitational field of the destination body is predominant. Applied
to planetary missions, this is the crossover point between the attraction

27
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of the planet and the attraction by the sun (Figure 13). In so defining
terminal corrections, it is assumed that measurements pertinent to the
maneuvers are based on use of the target as a guidance reference.

In this study of terminal c'orrect.ion maneuvers, it was assumed that any
trajectory plane of approach with respect to the planet was acceptable.

' No planetocentric plane changes were made in the terminal corrections.

In making the terminal correction, the velocity changes were assumed to
be impulsive; the impulsive velocity assumption is based on Reference 2
analysis which indicates it is valid for the correction distances from

the planet and velocity magnitudes involved. :

The hyperbolic excess velocity (‘v'oo) and the asymptotic approach distance
(D) of an approach trajectory define the velocity of the vehicle and the
entry angle at the specified L00,000 foot altitude for atmospheric entry.
The definition of an entry corridor limits the combinations of acceptable
Vo and D. Those combinations that result in entry conditions outside the
boundaries of the entry corridor are undesirable; the V, and the D, values
presented in Table 5 gave entry conditions outside these limitations.

To correct the trajectory for entry within the acceptable cori’idor, a
terminal correction may be applied for one of two objectives:

1. to change both the energy and angular momentum of the vehicle
by changing the vehicle velocity

2. to change the angular momentum of the vehicle by reorienting
the vehicle velocity vector

The first method changes both the hyperbolic excess velocity and the
asymptotic anproach distance of the trajectory. The second method changes
only the asymptotic approach distance. :

The advantage of the first is to shift the entry toward lower ratios of

entry velocity-to-circular orbit velocity (Figure 12) which broadens

the applicable entry angle tolerance. However, the increase in the correction
velocity increment to shift the entry condition in this manner is excessive.
Thus, this technique was dropped in favor of the second concept, tG.establish
nominal entry conditions (Table 6 ) by changing the angular moment¥p'of the
vehicle. In changing only the angular momentum the entry velocity
vehicle and thus the entry corridor width remains unchanged.

28
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TABLE 6

NQMINAL EARTH mzospzmﬁxc ENTRY CONDITIONS

Trajectory Entry ' Entry , o ‘EMi
Number Altitude Velocity Tra jze'it ory
(bg), (Vg) (VE/VCO) Elevation
feet ft/sec A Angle
. degrees
2 400,000 - 56,550 2.2 -7.68
k 1,00, 000 146,260 1.8  -T.68
6 1,00, 000 36,560 1.5 ~7.68

Single Terminal Correction

The hyperbclic arrival velocities and actual asymptotic approach distances

as shown in Table ‘5 are a result of the final midcourse correction maneuver.
The deviation in the asymptotic approach distance is due to errors in per-
forming the midcourse corrections; the errors vary with the assumed accuracies
of midcourse correction equiment. Thus, an evaluation of the effect of
deviations in asymptotic approach distance upon the magnitude of the terminal
correction velocity increment was made.

In Figures 14 , 15 and 16 the correction velocity increments of a single
terminal correction are presented as functions of the range at correction
and the deviations in asymptotic approach distance from the nominal for the
mission hyperbolic approach velocities of Table 5 . The deviations in
asymptotic arproach distance corresponding to the trajectories of Table 5
are shown in these figures for reference.

The effect of smaller deviations for these three trajectories is presented
in Figures 17 , 18 and 19 . These curves clearly show the correction
velocity magnitude decreasing to. zero as the deviation in asymptotic approach
distance vanishes. : .
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The correction velocity increment is only one of two factors involved in
terminal corrections. Errors in temminal corrections (position and velocity-
measurement errors, tracking and propulsive-maneuver execution errors) are
the second factor to be considered.

The errors in measurement are range-dependent whereas errors in correction
mechanization are a function of the magnitude of the correction velocity
increment and the thrust-to-weight ratio of the system. Range (r), range
rate () and range angle rate (8) are the measured parameters subject to
errors. Correction velotity increment magnitude (AV) and the elevation
angle @Xc) of this increment are execution parameters which have associated
errors. An error in any of the five parameters causes variztions in the
desired entry conditions.

First order partials were generated for each trajectory relating measure-
ment and correction-mechanization errors to variations in the desiyed entry
conditions. The partials were generated for ranges between 1 x léﬂ and

3 x 10° nautical miles, and were subsequently combined with representative
error magnitudes for each parameter (based on analysis from Reference 2)
to calculate rms deviations in entry conditions. Partials and error
magnitudes for one correction range are presented in Table 7 for Earth
terminal corrections.

TABLE 7
PARTTALS AND ERROR MAGNITUDES AT 60,000

NAUTICAL MILE RANGE

Entry Velocity Partials Entry Angle Partials Error Magnitude
BV /or= 0.98 x 102 3%eAr= 0.35 x 1072 Ar=- 0,66 x 10°
Ve or= 0.65 x 109 ImgfoF = 0.60 x 10-2 At = 0,18 x 102
9V 5(ré)= 0.67 x 101 3%¢ fa(ré)= 0.16 x 100 . A(ré)= 0.62 x 10t
AV HaV= 0.12 x 1051 Oxg fatN= 0.16 x 108 - d(aV)= 0,20 x 100
g Bt = 0.15 x 10° kA= 0.31 x 107 A, = 0.15 x 100
37
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The execution errors listed in Table 7 correspond to a F/W of about
0.3. However, F/W ratios in the region between 0.1 to 0.5 have little
effect on ‘the execution errors and the analysis can therefore be con-
sidered valid for F/W ratios in this region.

The use of low values of F/W can reduce system weight, but long burning
times result. For low thrust-to-weight ratios on the order of 0.0l, the
vehicle travels several thousand miles while the propulsive acceleration
changes the vehicle velocity by the required value. Execution accuracy
in applying a terminal correction over such a long duration and large
translation distance restricts the use of low F/W ratios. A thrust-to-
weight ratio of approximately 0.1 reduces the propulsive correction
maneuver to a few minutes duration and to a few hundred miles of trans-

lation during execution of the correction.

At the other extreme, high thrust-to-weight ratios reduce operation time
but tend to increase system weight. Thus, although any value within the
quoted range of F/W could be used, a F/W of about 0.3 appears to be a

reasonable compromise between the two factors attributed to thrust level

selection.

The deviations (which result from the error magnitudes used in the study)
in the vehicle velocity and trajectory elevation angle at atmospheric
entry, for a single correcticn, are presented along with the correction
velocity increment in Figures 20 , 21 and 22 as a function of range.
The figures indicate that the terminal correction errors have very little
effect on changing the entry velocity. The parameter significantly
affected by terminal correction errors is the entry angle.

Fach trajectory had to be considered individually to determine the range

for applying a correction to meet the entry corridor limitations. The

entry corridor half-band width (for the nominal entry velocity), the

range at correction and the AV for the correction are tabulated in Table 8
for the three trajectories.

38"
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TABLE 8

SINGLE TERMINAL CORRECTION FOR EARTH ATMOSPHERIC

~ REENTRY
Trajectory Entry Corridor Correction Correction
Half-band Width, Range, Velocity
degrees n mi Increment,
ft/sec
2 ‘0.1 14,500 o 1,200
L 0.3 26,000 3,000
6 0.7 40,500 810

Dual Terminal Corrections. The velocity increments of trajectories 2 and
I} were considered to be excessive. As an alternative to providing such a
large propulsion capability, the use of two terminal correction maneuvers
was investigated for these trajectories. The first correction was made

at 100,000-n mi range to reduce the velocity increment and yet stay within
the realm of terminal corrections. The tabulation of these corrections are
presented in Table 9 .

TARLE 9

A FIRST TERMINAL CORRECTION APPLIED AT 100,000-N MI RANGE

Trajectory Entry Angle Correction First Correction
' Deviation, Range, Velocity Increment,
degrees n mi _ ft/sec
2 + 2.9 100,000 . 160
L + 3.3 100,000 760

Entry angle deviations for the corrected trajectories of Table 9 are
larger than the half-band width of the entry corridor; therefore, a
second correction is required., For the corrected trajectory, first order
partials were generated, as previously described, relating measurement and
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second correction-mechanization errors to variations 'in desired entry
conditions.' The partials were used with the representative error
magnitudes to obtain actual entry condition deviations.

The characteristics of the second correction maneuver are presented
jn Figures 23 and24 . As a result of the substantial improvement
in trajectory accuracy (i.e., reduction in deviation from nominal
asymptotic approach distance) achieved by the first correction, the
velocity reguirements for the second correction are relatively low.
Note. that, as in previous cases, executing a terminal correction has

a negligible effect on entry velocity.

The essential factors of the second terminal corrections are given in

Table 10 .
. TABLE 10
R SECOND TERMINAL CORRECTIONS
@ | |
Trajectory  Entry | Deviation in Correction Second Correction
Corridor Entry Angle, Range, Velocity Increment,
Half-band degrees n mi - ft/sec
Width,
degrees
2 0.1 +.0.1 14,000 125
N 0.3 + 0.3 28,000 60

Velocity requirement data from Tables 8 , 9 and 10 are presented in
Table 11 to illustrate the substantial benefit derived by the use of a
two-correction technique instead of a single-correction method.
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TABLE 11

CQMPARISON OF TERMINAL CCRRECTION VELOCITY REQUIREMENTS

. Trajectory

&

=N

ingle Correction Method

Velocity Increment, ft/sec

1200

3000

Dual Correction Method

1st Correction

2nd Correction|{Total Correctio

160
760

60

125

A similar reduction in velocity requirement could be obtained by the use
of a 2-correction scheme for trajectory (6); in that case, however the

velocity reguirement for a single correction is reasonably small (810 ft/sec),
and the possible propellant saving probably does not warrant the addition of

need for engine restart capablllty imposed by utilization of a 2-correction

technlque.

Terminal Correction Results.

The study results show the propulsive requirements that should be 1nc1uded

The analysis of the accuracy of midcourse
corrections for the trajectories has shown the necessity of termminal
corrections if the selected entry corridor requirements are to be satisfied.

in evaluation of missions employing atmospheric entry.

Although use of dual terminal corrections involves restarting an engine,
the sizable reduction in correction velocity. increment obtained justifies
Use of the two-correction schemes for tra-
jectory Number 6 was not considered to be warranted since the single-
correction velocity increment for that trajectory was about the same
magnitude as the velocity requirements for the two corrections of Tragectory

employment of the technique.

h.

The terminal correction ahalysis results for atmospheric emtry of drag

vehicles are summarized in Table 12 .

- The range for applying a single

correction or the second correction of dual corrections was specifically
selected to restrict the deviations about the nominal entry angle to

values equalling entry corridor half-band widths.
for F/W in the range of 0,1 to 0.5.
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TABLE 12 -
SUMMARY OF TERMINAL CORRECTIONS FOR EARTH

ATMOSPHERIC REENTRY

Trajectory Entry Number of Deviation Range'at Total Terminal

Corridor Terminal in Entry Correction, Correction
Half-band Corrections Angle, n mi AV,
Width, degrees ft/sec
degrees ‘

2 04 2 +0.1 100,000 285

= 1L, 000 :
L 0.3 2 £0.3 100,000 820
28,000
6 0.7 1 + 0.7 140,500 810

Based on these results, the use of temminal-correction maneuvers (single
or dual as required) will provide the entry corridor required without a
major deceleration propulsion phase (which would increase corridor width)

prior to atmospheric entry.

L7
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PROPULSIVE FARTH-ORBIT ESTABLISIMENT
AND DEPARTURE MANEUVERS

Single Stage Systems

The establishment of planetocentric orbits following an interplanetary
transit represents a principal objective in early exploratory missions _
and an important intermediate step in many later extraterrestrial landing
missions. Analyses were conducted to determine maneuver prropulsion require-
ments, optimum thrust-to-weight ratios (F/%) for maximum payload and relative
payload-to-weight ratios for orbit establishment (and departure) maneuvers
The effect of specific impulse (Ig), hyperbolic excess velocity (Vh), thrust-
ucucuuer’t ’n’EIgbt fa\.-.o.; (KL/ and k.!I'uPEllant—dE“" Adel 'welglﬂ"' f""+"r \uI‘) on
these parameters was evaluated.

The investization of propulsion requirements fer an establishment or departure
maneuver is described in Ref. 3 , and includes an analysis of the effect of
thrust-to-weight ratio and specific impulse. The appropriate nomographs and
correction curves from Ref. 3 are presented in Figures25 ,26 and 27 .
These data represent a graphical presentation of an extensive body of results
obtained from numerous simulated trsjectory ccmputations. The use of total
impulse, rather than the more commonly used idezl-velocity increment, as an
intermediate parameter to relate thrust-to-weight ratio to pavload was based
on the convenience of rresentation permitted by utilizing the total impulse
rarameter. Transformation from one to the other can be accomplished readily
by the relationship,

V=1Isgln [1 } i ] where N = total impulse~per
: T 1b of gross weight, lb-sec
s - 1b

The optimization of thrust level was based on a tradeoff between the increased
engine weight but decreased gravitational losses of high thrust-to-weight
systems, and the decreased engine weight but increased gravitational losses

of low thrust-to-weight systems. The optimization was achieved by determining
the thrust-to-weight ratioc for which engine weight plus propellant and tank
weight was a minimum.

The parameters selected for analysis of Earth-orbit establistment and
departure maneuvers were varied over a sufficiently wide range to include
many types of systems. Kp varied from a value representative of a pump-fed
system to a high value indicative of a redundant punp- or pressure-fed

system. Kp and Ig had values typical of Earth-storable and cryogenic pro-
vellants. "V *arged from zero (apprOpriate for a lunar mission) to velocities
required for interplanetary missions.
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The results presented are applicable to both injection into, and departure
from, planetocentric orbit. The propulsion requirements are, in fact, not
totally independent of whether the maneuver is a departure or an arrival,
but computation of a series of Mars trajectories indicated that they are
sufficiently similar in the significant F/W range to neglect the small
difference that exists. Figure 28 presents the ratio of total impulse-
to-initial weight (F.T/W,) for orbit establishment and departure for a
300-n mi circular Martian orbit. For F/W greater tran 0.2, the total
impulse difference is less than 0.6 percent. .

Parametric Aralvsis. Values of the parameters selected for analysis of
Earth-vicinity maneuvers were:

1. Hrperbolic excess velocity = Vy : O; 15,0005 30,000 ft/sec

2. FPropellant devendent weight factor = Kp: 0.08, 0.16 1b/1b

3. Thrust dependent weight factor = Kg: 0,025, 0.05, 0.075 1b/1b
L. Specific impulse = Ig ¢ 320 seconds, 1120 seconds

Hrperbolic excess velocities were cihosen in accordance with Zeference 4 .
A Vy of 15,000 ft/sec is a reascnable value for Earth-orbit departure

to Mars or Venus. A B0,000-ft/sec hyperbolic excess velocity is repre-
sentative of 2 trip to Mercury or a fast trip to lars or Venus. These
‘numbers are not intended to be exact but rather to encompass a wide

range of missirns, '

For this analysis, the weight factors are defired as follows. Kg is
defired such that F.Kg equals engine weight plus &ll thrust associated
structure weight. Kp is defined such that W_.K, (where W, equals pro-
pellant weight) equals tank weight, shielding, insulation, and all pro-
pellant dependent structure weight. The guidance package and other fixed
weights are considered to be zero since they are usually a small part of
gross weight. The eguation for weight is then

Wg = W, + Ky, + Kg F + PL - (1)

Rearranging equation (1) gives

PL _ .
G =1."KE§-¥% (1 + Kp)
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Kgs F/W, and Kp can be chosen arbitrarily and F.T/WG is determined
from the nomographs. F.T/IS-WG can be computed and equals Wp/WG as
can be shown:

Ig = F/W

F.T _F.T _W.T W .
Is.Wg WTWG T v _ (2) |

G

The paramelers were varied independently although in fact, they would not

do so. If Ig, for exarple, were 320 seconds, corresponding to Earth-storable
propellants, Kr would be abecut 0.08 due to the higher mass density and less
stringent insulating requirements as compared to a liquid oxygen-hydrogen
system. The parameters were varied separately, however, to determine their
individual effects on F/#; and payload.

The principal results of the thrust level investigation are presented in
Fizure 29 to Figure 39 ., Typical effects of Kps Kgy Ig and ¥, on optimum
thrust level are sumnmarized in Figure 40 . The nom¥nal values represent
a2 typical liquid oxygen-hydrogen system. The effect of variation in hyper-
bolic excess velocity on payload-to-gross weight capability of a propulsion
stage is shown in Figure4l .

The results shovn in Table 13 indicate that Kg has a small effect on payload,
whereas s Ig, and Vi, all affect parload considerably. Ky has the most pro-
nourced effect on optimum F/W, with increasing Kg resulting in decreased -
optimum F/W. The flatness of the payload curves over a wide range of F/W
values in the vicinity of the optimum F/I-I, particularly for nonredundant

systems (Kg = 0.025 or less), indicates that the selected system thrust can
vary over a range of values without penalizing payload significantly. Secondary
considerations (i.e., other than maximizing payload) such as vehicle packaging
or utilization of available engines can be permitted to influence the choice

of thrust level for orbit establishment and éeparture propulsion systens.

ging Considerations for Orbit Departure Vehicles

s the mission hyperbolic excess velocity increases s the ideal velocity

. ré’fguirement for the orbit departure maneuver becomes sufficiently high that
4a Bwo-stage vehicle or a vehicle with tark staging provides a significantly

arger payload than a single stage vehicle. An analysis was conducted to
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irve Jigate, for an Earth orbit departure maneuver, the optimum characteristies
and relative payload capability of a single stage vehicle, a two-stage vehicle,
ard a single stage vehicle wiich jettisons emptied propellant tanks during
flight (staging tanks). The velocity requirements for the different systems
were cetermined on the- basis of an orbit departure performed with a thrust
parallel-to~-velocity maneuver,

The vehicle comparison was based on a system with L0D seconds specific impulse,
representative of a high-energy cryogenic propulsion system. For the single-
stage veticles with tark staging,the propellant was assumed to be divided
between two or more tarnk units with all tank units of equal volume. The weight
f the tark units was determined using the prepellant-deperdent weight factor.
Vehicle weighis were assumed equal to the sum of a propellant-dependent weight
and a trrust-deperdent weight, where propellant-dependent weirht = 0,08 x stage
propellant weight and thrust-dependent weight = 0.02 x stage thrust level. No
additional inert weight was included for the adced fixtures which a jettisonable
tank unit would require. The thrust-deverdent weight was added to the final tank
unit wiich remained at the end of the propulsive phase for a final vehicle burn-
out weicht.

Single Stage Vehicle. The ideal velocity requirements for an Earth orbit-
departure maneuver leavirng from a 302 nmi Zarth orbit are presented in
Figure 42 , 43  and 44 'for a2 single-stage vehicle. Indiczted -re idesl
velocity reguirement versus initial thrust-to-weight ratio for denarture
nareuvers of 0, 15,000, and 30,000 £1/sec byperbolic excess velocity. In
Figure 45 1is presented ideal velociiy” reguirement versus nperbolic excess
velocity for three F/W vzlues: 2.0, 0.5, and 0.2.

The variation of payload-to-gross weight ratio as a function of initjial thrrst-
to-weight ratio for a single stage orbit departure vehicle “or three hyperbolic
excess velocities is illustrated in Figure 46 . The opiirun thrust-to-weight
ratio for the departure stage is 0.4 to 0.5. The hyperbolic excess velocity
does not have a large effect on the optimum thrust-to-weight, although the
results in Figure 46 indicate that optimum thrust-to-weight increases slightly
as the hyperbolic excess velocity increases.

Two Stage Vehicle. For a two-stage Earth orbit departure vehicle,the ideal
velocity requirement depends upon the thrust-to-weight ratios of both stages.
An evaluation of the effect of thrust-to-weight was conducted based on a
hyperbolic excess velocity of 30,000 ft/sec, This value was selected as
typical of an orbit departure missionwih a high ideal velocity requirement,
where a two-stage vehicle would provide a significant improvement in payload
compared to a single stage vehicle.
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In F: - e 47 , ideal velocity requirements versus initial thrust-to-weight
ratic . for the first stage are illustrated. Curves for four different ratios
of second stage to first stagze thrust-to-weight ratios are presented. The
results are for two-stage vehicles where the total mission ideal velocity
requirement is evenly divided hetween the two stages.

In Figure 48 , parload-to-gross weight ratios versus first stage thrust-to-
veight ratios for a iwo-stage orbit departure vehicle are illustrated. Curves
zre presented for four different ratios of first stage to second stage thrust-
Lo-weight ratios. A vehicle with a first stage thrust-to-weight ratio of
a-proximately 0.65 and with equal thrust-to-weight ratios in both stages will
result in the highest parload for a two-stage vehicle.

O

Payload versus hynerbolic excess velocity for a two-stage vehicle Is oresented
in Figure 49 . A two-stace vehicle where both stages have a thrust-to-weight
retio of 0.65, and with stare eises selected so that the mission ideal velocity
requirement is divided evenly between the two stages wns concidered.

Stzping Tenks. An 2lternative to the use of a itwo-staze vehicle for orbit
derarture is the use of a vehicle with propellant tark staging only. Payloac-
to-gross-weight ratio versus initial thrust-to-weight ratio for a single stage
vehicle and a vehicle with continuous taznk staging is presented in Figure 50
(emptied tanks are jettisored an infirite nu=ber of times). This figure is
for an orhit departure stage which accelerates the vehicle to 30,000 ft/cec
Lyperbelic excess veleccity. The optimm thrust-to-weight retics for the
sirgle stage vehicle (F/W'= 5.5) and for the vehicle with continuous tank
staging (F/W = 0.15) are very similar. Frem this result, it was assumed

that a thrust-to-weight ratio of 0.5 world resuvlt in nearlr optimum payload
for a vehicle with tank staging no matter how meny times tzanits are Jettisoned.
The effect on parload-to-gross weight ratic of the numbter cof times emptied
tanks are jettisoned is presented in Figure 51, also Zor the 30,000 ft/sec
hyperbolic excess velocity mission.

The simulated trajectories cdetermined for the single stage vehicles and
tank staging vehicles indicate that the ideal velocity requirements are
similar. The vayload-to-gross weight for the 30,000 ft/sec hyperbolic
excess velocity mission for a single stage vehicle with a thrust-to-weight
ratio of 0.5 is 0.11, and for a vehicle which jettisons tanks an infinite
number of times at the same thrust-to-weight ratio, the prayload to gross
weight is 0.15. If the vehicle with tank staging was assumed to have the
same ideal velocity requirement as the single stage vehicle, it would have
a payload-to-gross weight smaller by 0.0005, This difference,caused by the
ideal velocity-requirement difference, is small and consequen%ly in most
studies could be neglected. As the mmber of times tanks are jettisored is
decreased (in actuality it obvicusly will always be lower than the irfinite
nunber used in the comparison), the difference in ideal velocity requirement
between a single stage vehicle and a vehicle with tank staging will decrease.

]
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Figure 51 . Deliverable Payload;Tank Staging Vehicle:Orbit Departure
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Paylr:d-to-gross weight ratic versus hyperbolic excess velocity (or ideal
velwcity) for an orbit departure vehicle with tank staging is shown in
Figure 52 . This figure is for a vehicle with an initial .nrust-to-weight
ratio of 0.5. Since idezl velocity requircmerts for a single stage vehicle
and a2 vehicle with tank stacing are similar, Figure 52 was prepared using
single stage vehicle ideal velocity requirements.

In this study, no weight penalty was added tc the propellant depencent
veight of the tank staging vehicles to account fer a more cemplicated tark
desien requirec by tank stagings. The tank staging vehicle parloads there-
fore may be somewhat optimistic.

Crbit Derarture Vehicle Comparison. A compariscn between-a singlc stage,
2 two-ciage, arc a ten: staging vehicle is presented in Figure 53 to

indicate the arproximate percent of single stage vehicle parload that a

two-stage vehicle or a vehicle with tanx staging will deliver as a function
of hyperbolic excess velocity. At a hyperbolic excess velocitr of arproxi-
nately 22,000 ft/se¢; the tuo-stege vehicle ancd the vehicle with tark staging
kave a payload advantage of 10 percent over a single stage venhicle. This
advantage increases significantly as hyperbolic excess velocity increasese.

A single stage vehicle, a two-stzge vehicle, and a tani stagzing vehicle are
ccripared in Tables 14and 15 for a 30,000 £t/sec hyperbclic excess velocity
Tarth orbit derarture mission. An optimum thrust-to-weight ratic ard the
range of thrust-to-weight ratios which could be used and still deliver a
parlez? which is within 2 percent of the optimum payload value are rresented
in Table 14 . The mission ideal velocity recuirement and payload-to-gross

weight ratio are presented in Table 15 .

The results of this study indicate that single-stage orbit departure ideal
velocity requiremert is not significantly different from that for a vehicle
vhich stages tanks. The ideal velocity requiremert for a two-stage vehicle
can vary significantly from that for a one-stage vehicle with the same
initial thrust-to-weight. The magnitude of this difference depends upon
the thrust-to-weight ratio of the seccnd stage.

For low hyperbolic excess velocity missions, a single stage vehicle would
probably be selected. At higher excess velocities, however, the two-stage
vehicle and the vehicle with tank staging deliver significantly higher pay- .
loads. At approximately 29,000 ft/sec hyperbolic excess velocity, the-
advantage of these two vehicles in payload over the single-stage vehicle is
10 percent.

81
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o

TABLE 14

ORBIT DEPARTURE VEHICLE CPTIMUM THRUST-TO-WEIGHT RATIOS

MISSION: 30,000 ft/sec HYPFRBCLIC EXCESS VELCCITY ORBIT DEPARTURE

Vehicle

Optimum Initial Thrust-to-
Weight Ratio

Initial Thrust-to-

Weight Ratio Range for
a2 Minus 2-Percent Payload

L=,

Single Stage 0.5 0.34 —== 0.78
Twe-Stage
7y = 0.5 F/iy 0.6L — 1,22
F/in = F/U 0.65 oL —* 1.04
Ay = 2 Fhiy 0.36 —= 0.6k
oo Tank Staging 0.L6 ~ 0.28 —= 0.79
TABLE 15

ORBIT DEPARTURE VEHTICLE IDEAL VELOCITY INCREIENT AID PAYLOAD

MISSION: 30,000 ft/sec HYPEETCLIC EXCESS VELOCITY CREIT

DEPARTURE
Vehicle Idezal Velocity .Relative Payload- Percent of
Requirement, to-Gress Weight ingle Stage
: ft/ sec Ratio _ Payload
Single Stage 21,700 0.110 '100
(F?W = 0.5) '
Two-Stage 21,720 0.138 125
(F/v, = 0.65)
(F/W, = 0.65)
Single Stage - 21,680 0.13L 122
(Tanks Jettisoned
One Time (F/W =
0.5)
Single Stage 21,670 0.146 133
Tarks Jettisoned
L Times (F/W = 0.5)
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A single stage orbit departure vehicle to place a payload on a trajectory
with 30,000 ft/sec hyperbolic excess velocity will have a payload-to-gross
weight ratio of 0,110, Use of a two-stage vehicle increases the payload-
to-gross weight ratio to 0.138 (a 25-percent increase) and jettisoning
emptied tanks twice during the flicht increases it to 0.1L1 (a 28-percent
jncrease). At 30,000 ft/sec hyperbclic excess velocity the optimum thrust-
to-weight for a single stage vehicle or a vericle with tank staging is
approximately 0.5. For a two-stage vehicle with the total ideal velocity
recuirement divided evenly betweer the two stages, the optimum thrust-to- -
weight ratio for both stages is approximately 0.65.

. 85
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£24TH ATMOSPHERIC GRAZE MANEUVERS

A major portion of the velocity reduction required to decelerate a returning
space vehicle into an Earth orbit can be accomplished by means of the aero-
dynamic drag experienced during an atmospheric graze maneuver. The atmospheric
graze maneuver, as defined in the study performed, consists of the vehicle
"skimming" the upper atmosphere of the Earth for ihe purpose of decelerating
the vehicle prior to subsequent propulsive orbit-establishment maneuvers.

The vehicle flight path is described pictorially in the following sketch.

oo \

P a0 0%, 10%5.00%%0. 0 0%0%

= T ’0." ."0’6':’: a:.: SBEKN L

{J\ﬁééeﬁg Qﬁ?ﬁ%’ <g%wc<% 2P -
e oS0t 0’0’00.0:. 5 250, Atmosghere

C 0 O >
o’ﬁ 2o "".“"‘ XXX %S

Entry conditions to the atmosphere of the Earth are defined by thé magnitude

and direction of velocity existing at the entry altitude. The entry altitude
for Farth is taken to be 100,000 feet. The exit ccnditions following the
graze maneuver are defined in a similar manner at the same altitude.

The relationship between entry and exit conditions depends on many parameters.
Among these are the ballistic coefficient (W/CDA) , ablation weight loss rate,
and the nature of the atmosphere. For a ballistic vehicle, the relationship
between entry and exit is unique. For 1lifting vehicles this relationship is
not single-valued, since the flight path can be controlled by the 1lift vector.

The purpose of the study was to obtain and present parametric data on pro-
pulsion maneuvers and requirements following the graze maneuver; the study
was not concerned therefore with the'grazing maneuver per se, but merely with
the pertinent range of exit conditions; consequently, an analysis of the
aerodynamic graze maneuver was not performed. To gain insight into the nature
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of tre exit conditions, data were obtained from General Dynamics/Astronautics
for aerodynamic entry trajectories. Several general characteristics of
atmosphere graze exit conditions were noted for the ballistic and the low
L/D vehicles analyzed: 1) the exit velocity is usually greater than the
local circular velocity; 2) for high entry velocities (on the order of twice
the local escape velocity), the exit velocity may be as much as 30 percent
less than the entry velocitys; 3) the exit and entry elevation angles are of
the same magnitude, that is 5 to 10 degrees.

Tmpulsive Analysis

Trpulsive Orbit Establishment Technicues. The three impulsive orbit estab-
Tishment schenes investigated are iliustrated in Figure 54 . For all
schemes, the velocity increments are applied parallel tc tne local velocity
vector. Scheme 1 is a two-impulse technique. The first velocity increnent

( AV) is applied at the exit point, resulting in a transfer ellipse whose
apoapsis coincides with the desired circular ortit altitude; the second AV

is applied to achieve circular velocity. Scheme 2 applies only to exit
velocities (Vex) less than the local escape velocity (V. ). Upon leaving

the atmosphere, the vehicle coasts to apoapsis whereupog a AV is aprlied
resulting in a transfer ellipse whose periapsis (or apoepsis) coincides

with the desired circular orbit altitude. A second increment is then applied
to attain circular velocity. Scheme 3 (for Voy >Vp) is the same as Scheme 2
with the addition of a AV at the exit point, reducing the velocity of the
vehicle to some value less than Vp. g

The equations of motion arplicable to determining the above velocity increments
are the familiar vis-viva law,

2 2 (2
e R G-
and. Kepler's second law,

Jp - ]-ﬁxvl= RV cosY

" Applying these equations at two pdints along'a. conic (é and p are:constant)
and solving for velocity yields

2 .2
2 2.1 1 R1” cos€ Y1l
V2 =2 @ .1 1
1 goR /(@ - =g
° K R Ro“ cosc 72
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Exit Point

o AV]_

Figure 54 Impulsive Ofbit Establishment Techniques
188 |
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Th:s equation gives the velocity magnitude (with elevation angle, )&)
roquired at radius Ry to achieve Ry and ¥Yp. For instance, if Rp corres-
ponds to the circular orbit altitude and ¥, is set equal to zero, this
equation gives the required velocity magnitude (at ¥3) following the first
velocity increment of Scheme 1. The velocity increment can then be
determined.

AV, = Ivex'- vll

Similar relationships can be developed from two basic laws to obtain the
remaining velocity increments. ’

Results of Tmpulsive Analysis. A 300-n mi circular orbit altitude was

selected for use in the analysis of the velocity incremerts for the range
of exit conditions meniioned previously. The velocity increments for
Scheme 1 (two-impulse, direct-to-orbit) as a function of exit velocity

and angle are illustrated in Figure55. Also shown is the sum of the two
increments, or the total impulsive velocity requirements (AV..) for orbit
establistment. The velocity increments and the total velocily require-
ments for Scheme 2 (Voy+yVp) are given in Figures56 and 57 . For both
schemes the total velocity requirements reach minima when the exit velocity
is near the local circular velocity (VP/J§). This fact indicates that the
graze maneuver should not necessarily be cdesigned to reduce the velocity of
the vehicle by the maximum amount possible, since the velocity requirements
for orbit-establishment increase significantly when the exit velocity is
reduced below the value where the minimum velocity requirement occurs.

Scheme 3 is for exit velocities greater than escape velocity. (It also is
applicable to exit velocities less than escape velocity, but has no advan-
tage over Scheme 2.) The function of the first velocity increment is to
reduce the velocity of the vehicle to some value below the escape velocity.
The velocity increments for this scheme depend on that value of velocity
attained following the first increment; however, rather than prescribing
this velocity, the apoapsis of the transfer ellipse was specified instead.
Calculations were performed for apoapsides (R ..) of 2, 5 and 10 times the
radius of the Earth. The velocity increments and the total velocity
requirements for exit velocities equal to the escape velocity of the Earth
(Ve = Vp) are presented in Figures 58 and 59 . This presentation (in
comparison to a presentation of AV vs V,) affords better insight into the
effects of exit angle (7ex) and R .. For other exit velocities only the
first velocity increment is different; in fact, it is increased by the
difference between the exit velocity and escape velocity.

89
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Velocity Increment ( V), fps x 10-3
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Figure 58 Velocity Incrérnents for Estatlishing a 300 n mi Orbit at
Earth, Vey = Vp = 36,33l fps, Scheme 3

93




2k

22

- =
ON (@]

=

Total Velogity Incrament (AVp), fps x 10™3

12

10

ROCKETDYNE

A DIVISION OF NORTH AMERICAN AVIATION. iNCr

N
o

/ Scheme 1
Rmax/Ro | /’
1.086 - ) ) /
2
.‘/'
D e — . 1/
e )
7
II,
/
//
A
/
"
)4
/
//
//
1/ ,{/
)4 -
A T
7 - ==
0 5 | 10 20

Exit Angle (Vgy), deg

Fig. 59 Total Velocity Requirements for Establishing a 300 nnmi
Orbit at Earth, Vex = Vp = 36,33L fps, Scheme 3




ROCKETIDYNE

A DIVISION OF NORTH AMERICAN AVIATION, INC

and

- AVp =AVpp + (Vex = Vp)

Since Scheme 1 is just a special case of Scheme 3 (Ry,x = Ry + 300 nmi),
the total impulsive velocity requirement for this scheme is also illustrated
in Figure 59 . As R_., is increased, the velocity rcquirements decrease;
this effect is particularly pronounced at the large values of exit angles.
However, as R ., incrcases, the time required for orbit establishment also
increases. Approximate values of the time for orbit establ:ishment for
various values of Rmax/Ro are given; equivalent data for Mars and Venus are

also presented.

Time to Orbit, Fours
Rpax/Ro Earth Mars Venus
5 7.5 9 _ 8
10 18 22 19.5
50 182 220 194

Long time periods for orbit establiskment may not be cempatible with mission
objectives; consequently the maximum apoapsis allowable; and in turn the
minimum AV possible, may be restricted for some missions.

The problem of leng time periods for orbit establistment also exists in
Scheme 2 when the exit velocity approaches escape velocity (see Figure 57 ).
Consequently it may be desirable tc use Scheme 3 and control the time to
orbit if the exit velocity is near escape velocity.
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Ev.luation of Impulsive Schemes., To facilitate an evaluation of the merits
znd advantages of the different orbit establistment schemes, a typical value
of the exit angle (Yex) was selected; the value chosen to represent a typical
grazing trajectory was 5 degrees. The apoapsis of the transfer ellipse of
Schene 3 was restricted to a value of 5 times the planetary radius. This
value was believed to be a reasonable compromize between time~to-orbit and
velocity recquirements. :

The relative merits of the three impulsive-schemes are indiczted in Figure
60 . For the lower range of exit velocities (Vgy <V, ), Scheme 2 yields

the lowest velocity recuirements over most of the range. Lover velocity
requirements at scme exit velocitics are given in Scheme 1, this occurs

‘mostly at exit velocities less than circular whick are unlikely occurrences
from the graze maneuver. Schemes 2 ancd 3 intersect at the point where the’
apoapsis of Scheme 2 is 5 times the planetary racius. For exit velocities
greater than this intersection (V__ = 33,000 ft/sec), the apoapsis of
Scheme 2 is larger than 5 Rgy; consSequently the time required to establish
orbit becomes excessive. To keep the time-to-orbit within a reasorable
limit, a switch to Scheme 3 at this intersection point is warranted. For
exit velocities greater than escape velocity, Scheme 3 appears best., In
sumary, Schemes 2 and 3 are most favorable of the impulsive orbit estab-
listment maneuvers.

Nenimpulsive Orbit Establishment

The impulsive velocity requiremenis presented are useful for indicating -
trends and relative merits of the various maneuvering technigues. However,
impulsive analyses are not necessarily indicative of the actual propulsive
energy required, particularly if long burning times are involved. The
energy change of the trajectory of the vehicle resultirg from an impulse
depends on the instantaneous potential energy of the vehicle. Finite thrust
can be thoughtof as a series of impulses over which the potential energy is
changing. Conseguently, the trajectory energy change caused by an impulsive
velocity increment will differ, if the same impulse is applied over a non-
zero time interval, unless the average potential energy over the time period
is effectively the same as the potential energy at which the impulsive
increment is applied.

Another effect is the relation between burning time and the time required to
perform the maneuver. The burning time may be of such magnitude that it is
not possible for the vehicle to attain the desired position and velocity at
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all. For instance, for the two-impulse direct-to-orbit maneuver (Scheme 1),
the vehicle may have already passed the desired circular orbit altitude
before burnins is completed. Therefore for Scheme 1, the impulsive velocity
requirements are not necessarily indicative of the actual requirements,
particularly if long burning times ‘are required (large V's). For Schemes
2 and 3 the maneuver time is an order of magnitude greater than the burning
time (for chemical propulsion systems) and the above effect is not prevalent;
however, the actual velocity requirements are slightly different from the
impulsive caused¢ by the changing potential energy over the burning time.

The existence of the Van Allen radiation belts surrounding the Earth makes
it desirable to enploy direct-to-orbit maneuvering technigues similar to
Scheme 1. The otker impulsive schemes pass thrcugh the Van Allen Belts
twice. To determine the requirements of a direct-to-orbit maneuver, an
ortit-establishment analysis for finite thrust systems was performed
vtilizing a computer trajectory simulation program. To assure a flight
path that woulé¢ rot pass through the Van Allen Belts, thrust was applied

so as to minimize the altitude rate during the maneuver. For the maneuver
selected, the thrust vector is aligred at a constant attitude (with respect
to local vertical) in essentially a downward direction. The flight pat™
for this maneuver is illustrated in Figure 61 . After departing the
atmosphere, the vehicle coasts for a time interval whereupon thrust is
applied at the exact pitch angle (W) that will result in the simultaneous
attairment of the 300-n mi altitude and its corresponding circular velocity.
(To simulate this maneuver on the trajectory program, the vehicle was flown
backwards from the 300-n mi orbit until the exit altitude was intercepted.)

The velocity reguirements for the nonimpulsive orbit establishment maneuver
at vehicle thrust-to-weight ratios of 0.5 and 1.0 are illustrated in Figures

62 anéd 63 . The range of exit conditions that can te accepted by this
maneuver is bounded by the "limiting exit conditions" line. Values of exit
conditions berond this line are too large for the accomplishmermt of this
maneuver with the specified F/Wﬁ i.e., the vertical ccmponent of velocity
cannot be cancelled before the 300-n mi altitude is reached. Consequently,
the range of exit conditions to be expected will be a ¢riterion for thrust
level selection.

Evaluation of Orbit-Establishment Techniques

A comparison of the velocity requirementsAfor the nonimpulsive orbit-
establislment maneuver and the corresponding impulsive maneuver (Scheme 1)
is illustrated in Figure 64 . Over the range of exit velocities considered,
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Exit Velocity (Vex), fps x 10-3
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Fig. 64 Comparison of Impulsive and Nonimpulsive Velocity Require-
ments for Establishing a 300 n. mi. Orbit at Earth.
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the velocity requirements are greater for the nonimpulsive maneuver
(roughly 10 percent greater) than the impulsive reguirements; however,

the trend in velocity requirement is similar. The losses are partially
explained by the fact that the nonimpulsive scheme applies its deceler-
ation at a lower kinetic-energy level, in contrast to the impulsive scheme
vhich applies a large portion stl) of its total impulse at a low potential
energy (high kinetic energy). In addition, the nonimpulsive scheme does
not use thrust-parallel-to-velocity to achieve the 300-n mi circular orbit,
thereby reducing the effectiveness of the deceleration maneuver from the
standpoint of velocity requirements. :

The selection of a particular orbit-establishment technique depends on
two factors: .1) the magnitude of the atmosphere graze exit velocity and
2) the ability of the veticle to traverse the radiation belts. For
vehicles that can pass through the radiation belts, Schemes 2 and 3 yield
the lowest velocity requirements, Scheme 2 for exit velocities less than
33,000 ft/sec and Scheme 3 for exit velocities greater than 33,000 ft/sec.
The velocity reguirements determined for the impulsive analyses are adequate
for systems with thrust-to-weight ratios above approximately 0.5. For

‘ lower thrust-to-weight ratios, the impulsive analysis tends to be optimistic.

For vehicles which do not possess sufficient shielding for repeated penetration
of the radiation belts, a direct-to-orbit maneuver should te used. For this
maneuver, the finite thrust analysis indicates velocity recuirements and
~thrust-to-weight ratio limits. In general, the results indicate that the
propulsion velocity requirement for orbit establistment after graze is approxi-
mately equal to the difference in graze exit velocity and orbital velocity.

The applicability of the atmosperic graze maneuver to a vehicle and mission
depends upon the vehicle design configuration and upon possible mission con-
straints. If it is feasible to utilize a ballistic or lifting vehicle, the
graze maneuver can be used to reduce the propulsion required for orbit
establishment in comparison to that required for an entirely propulsive
orbit-establishment maneuver.

~
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IROPULSIVE/AERQD WAMIC DECELERATION FOR DIRECT ZARTH LANDING

In addition to providing the deceleration and direction necessary to assist
a space vehicle to acquire a specified entry corridor, a retropropulsion
phase prior to atmospheric entry can, by reducing the ablative heat shield
requirement, reduce the weight of the overall landing vehicle system,

This possibility is not obvious when considered for the contemporary large
rockets required to accelerate small payloads tc orbital velocity compared
to the modest heat shields reguired to cancel orbital velocity by aero-
dynamic deceleration, The important difference wnhen considering more
ambitious space missiozns in comparison to a satellite mission is that the
pertinsnt velocity is not orbital, but 2 to 3 times orbitaly at velocities
of this magnitude, propulsion systems to canczl ithe entire amount are un-
deniably large, but heat -shields tc perform tne same task are ty no means
modest, anl may egual or exceed the eguivalent propulsion sysienx weisht,
BSecause of the diflerent rates at which propulsive and aerodynamic braking
devices increass in weight-as velocity increases, a combination system may
be best,

An evaluation of propulsion/ablaticn sysitems for space vehicles with ex-
tremely high velocities, based on weizht tradeoff considerations, was made
to determine the desirability of adding the propulsion system to the vehicle
desizn, The initial study, conducted to indicate preliminary trends in
system requirements, was predicated on an irmpulsive velocity change for

the propulsion phase, The optimum division betwsen propulsive and aero-
dynamic braking for a planetary entry body was determined, and the influence
of several vehicle and trajectory parameters on the optimization results
was evaluated, » ‘

The basic retropropulsion and zerodynamic landingz system phases are
illustrated in Figure 65 ., The system velocity increases as it enbters the
planet gravitational field (1 to 2); retropropulsion initiates the deceleration
phase (2 to 3); 2erodynamic deceleration to position (L) followsj and the
final parachute (eic,) phase decelerates the vehicle to touchdown (L to 0)..
The impulsive retropropulsion assurption-yields the constant altitude braking
phase shown as 2' to 3'; as propulsive thrust-to-weight ratio is decreased,

~ the altitude decrease during the retropropulsion phase becomes greater,

The implied assumption that suitable entry corridors for all payloads exist
for all the entry velocities considered is obviously invalid in some
instances, as was demonstrated in the previous section, TFor a sufficiently
low -g deceleration requirement, thers is no acceptable corridor no matter
how low the entry velocity,and for a permissable high -g decelleration-level,
there is a corridor no matter how high the entry velocity.

10L
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Thr- ., while the optimum indicated design may have no propulsive braking for
~r.y missions, constraints such as maximum allowable g level can be stipulated
such that propulsive braking of some specific magnitude must be applied prior
o entry into the atmosphere so that the g-level limit is not exceeded, The
questions of the existence of appropriate entry corridors at extremely high
velocities and the ability to guide a vehicle to these corridors are included
in analyses of terminal correction requirements, but are not considered in

the present investigation,

Entry Conditions

The initial conditions of the entry phase, i,e,, the magnitude and direction
cf the arrival velccity vector (at a specified altitude), are dependent on
the characteristics of tlie interrlanetary transier, The bouniary conditions
for the landing phass are generzlly expresszed as a velocity and elevation
angle at a defined entry altitude, This terminology can be translated
readily from the hyperbolic excess velceity and asympictic approach distance
used for the transfer analysis,

The relation between

V.. and V; can be expressed as:

' %
Vy = gEQR_ZO + th °
Ro +h
where VW, = Hyperbolic excess velccity |
Vg = Arrival velocily al altitude h
g, = Surface gravity
R; = Planet radius

The entry altitude values used were: Earth, L00,000 ft; Mars, 1,100,000 f£i;
Venus, L35,000 ft. Above these altitudes, aerodynamic effects are negligible,
For Earth ard planetary entry, Figure 66 presents arrival velocity (i.e.,
vehicle velocity at the entry altitudes and before any retropropulsion is
applied) as a function of hyperbolic excess velocity,

For an impulsive (and constant altitude) retropropulsion phase » both the
arrival and entry velocities (defined as: velccity at the entry altitude
after the retropropulsion phase) are at the same altitude, Thus, the entry
velocity (Ve) is: .

Ve = Va- AV
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where AV is the propulsion velocity change, Tor a ronimpulsive
retrcpropulsion phase. AV must be increased due to the gravity
loss associated with a finite thrusting period,

Equivalent Specific Irpulse of Ablative Shields

In corparing the effectiveness of aerodynamic and propulsn.ve braking

sys tems, cne might consider the ablation materizl as the equivalent of the
opellant of a reirorccket system and define its effectiveness in terms

O.L an ecuivalent specific Smpulse, uasmally, if a velocity, AV, is

carcelled corpletely while ablaticn of a fracticn, L, of the vehicle takes

place, the mass ratio is 1/1-L, and the eguivalent specific impulse is

- Aav

s = g 4n(1-1)

Unlike propellant, however, I; in this instance is not constant and in-
dependent of 4V, but is instead depencdent on AV, Thus, each increment
of AV is represertied by a different Iz, The Ig vzlue obtained bty the use
of the evprescicn above represents an average value over the interval from
zerc to AV, and although the value might be quite high in an illustrative
case, the e“ ectiveness of the ablative material in cancelling a snall in-
crement of velocity at the high velceity end of the interval might actually
be quite poor,

To derive an exyrescsion for the instanteneous equivzlent specific impulse
of ablative materials, the ablative material loss during atmcspheric entry
can, at high velocities, be arproximated by an expressicn of the form

XV + 3
= e

where L = Fraction of gross welgh" devoted to heat shield
V = Entry velocity
o,/ = Constants

The mass ratio, R, during the braking phase is
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which yields

“T+6 Bl
‘ R
then oV +AB= In (R-1)-fnR
' T o 1 - - - | i
and r =2 [ D12 -0) (1)

Since, in the expressicrn, a8V = Ig g dnR, Igg represents the proportionality
constant relatirg AV to AnR, the instantaneous slope of a V vs AnR character-
istic for an aerodynamic entr; vehicle represents g times the ecuivalent .
spec¢ific immulse of the heat shield material. Thus, the derivative, dV/d({nR),
obtained from Eq. (1), is the reguired solution. :

To obtain the first term of the derivative, dfn(R—l)/dlnR, substitute y=fnR
then e’ =‘R-, and e -1=R-1

fn (e -1) =4n (R = 1) ‘

dfn (e¥ - 1) = d/n (R - 1)
dy dfnRk

dln(R-1) =_¢& =_R
) £ -1 R-1

Thus
av 1 R T
= - —— = l 1 1-
T " = [ = 1] L [REI -1 [ -L
and

The variation with velocity of average and instantaneous equivalent specific
jmpulse for a selected ablative material is presented in Figure 67 . It
should be noted that Figure 67 cannot be employed directly to compare pro-
pulsive and aerodynamic systems, since in addition to equivalent specific
impulse, nonpayload inert weights must be conpared; i.e., an equivalent
propellant fraction is also needed.
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Imr .lsive Thrust Analysis

Tne trade-off analyses were based on the assumption of a simple exponential
relationship between ablative shield weight and atmosphere erir: velocity.
Though this assumntion circumvents detailed investigation of the more
esoteric aspects of hypersonic entry into, arnd flight within, planetary

P BT Y o 2 S - vy o and ~n v o S 3
atmospheres, it is nevertheless reasonably accurate at very high velocities#,

Anlative Material Selection. An optimization.analrsis, based on Impulsive

velocity chan—es (AV) for the retropropulsive rhase, was conducted to evaluate
the effects of the chlation weicht characteristic, opropulsion system perform-
hl

~ 'Y
.
Vv S

s
ance ard arrivel velecity on the optinum value of propulsive AV. & conservative
ablation characteristic, presented in Figure 68, was utilized for the impulsive

ahlation characteristics was used to evaluzte the effect of the ablation curve
on the optimum propulsion system velocity increment and the pzyload.

thrust aralysis. A band of +10 percent is indiczted; this perturbation of

The ecuation fitting these data expresces weight loss (L) as a function of

entry velocity.

BV - %
L=c¢
where L = Atlative weﬁght
6 = 10388 b9 10-
¥ = 6,467
Ve = Entry velocity

Analysis Method. The difference between the arrival velocity and the entry
velocity is the AV which must be cancelled by impulsive retropropulsion.

By manipulation of the ideal velocity eguation for the retrotnrust propulsicn
stage, its pa;load weight can be expressed as a function of gross weight (Wb),
propellant fraction (A;), specific impulse (Ig), and AV. The factor (1-L) is
then applied to reduce ghe vehicle weight by an amount equal to the ablative
material loss, where L equals the ablative weight loss expressed as a per-
centage of initial vehicle weight. A factor, (1 - ), is then applied to

% Although the exponential form of the ablation characteristic is a good
assumption, the constants which govern its precise character are partic-
ularly difficult to ascertain; as a result, the studies presented utilize
an extremelr conservative ablation characteristic in the present analysis,
a "best guess" characteristic in the following section, and finally a
broadly parametric presentation.
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account for the weight necessary for the final descent device, where X is
tne percentage of vehicle weight after entry losses that is required for
the final descent device. The resulting combined equation is:

( %%)z (1-L)(1- >(%)P
where:

- Retroprerulsion stage payload-to-gross weight ratio

—
=
O
as)
[}

Cverall landing system parleoal-to-gross weight ratio

—
='+g
3*' =
M\_/
[}

or ' '
, P.L. . 1| A/ a(V, - AV‘I-X]
e = L -1+ e = _ A % (1 ~e0)

L’G Ap pr 1 e

In the analysis, prepulsicn system design was based on a Ap of 0.85; specific
impulse values of L20 seconds (nominal) and +100 were used.

ered ac 0.0Z, which was suzgested by the lirmited data availa®le; the
ticular value affects parloac, but has no effect on optimization of AV.

Results. The effects of arrival velocities, specific impulse, and atlation
characteristics con the optimum propulsive AV are presented in Figures 69
to 72 . The effect of planetary arrival velocity and specific impulse

on propulsion system selection is shown in Figure 69 . The optimum pro-
pulsive AV and payload-to-gross weight ratios from Figure 69 are presented
as a function of arrival velocity in Figure 70 . The resulting curves
show that, based on the ablation weight curve used in the analysis, for
plarietary arrival velocities of 40,000 ft/sec or less, ro propulsion system
is required.

Entry velocities can be found by subtracting the propulsive AV from the
arrival velocity; therefore, it can be seen that the optimum entry velocity
is approximately 40,000 ft/sec for all arrival velocities in excess of this
value. These figures also show that for a 100-second change in specific
impulse, the optimum propulsive AV changes approximately 1000 ft/sec. For
smaller variations in specific impulse, the change in optimum propulsive
AV and payload weuld be insignificant.
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The effect of ablation characteristics on rropulsion system requirements

is shown in Figure 71 . In addition to the nominal ablation case, results .
are shown for a 10-vercent increase and a lO-percent decrease in the nominal
ablation losses. ¥ith a decrease in ablation loss, the optimum propulsive
AV shifis to a lower vslue resulting in a slicghtly higher optimum. aero-
dvnamic entry velocity. In Figure 72 are presented the optimum propulsive

AV and payloads for Figure 71 .

A
¥
To illustrate the effect of a change in slope of the nominal ablation curve,
the nominal ablative weight loss curve was rotated about the point for an
entry velocity of 10,000 ft/sec and pacsed throuch the-10-percent decrease
haracteristic at an entry velocity of LE,200 ft/sec. The effect of decreas=~
ng the slope ic chowm in Figure 71 for an arrival velocity of 50,000 ft/sec
curve ). The e’fect of 2 similar increase in the Figure 68 clope is shown
n Curve B of Figure 71 . '

When the slope of the weight loss curve cf Figure 68 is increased, there

is a slight increase ’n the optimum AV; and when the clope 3s decreasec, the
optimum AV sbifts to a lower value. In these cases, since the ablation
characteristics were rotated about a point near the optirum entry velerity,
there was a very small chance in the optimum payload; tut if the curve had
beer rotated abeout scme velocity point other than the optimum, tuere would
kave becn a greater effect cn the optimum payload anc rropulsive AV. If the
nominal ablative weight loss curve of Figure 68 ic rotated zbout a velocity

~ point below 10,002 ft/sec, a Cecrease in the slope produces an increase in

the optimm parlcad and a reduction in optimum propulsive AV; an increzse
causes a decrease in the optimum pgrload and an increase in the optimum pro-
pulsive AV. If the rotation point is above a velocity of 40,005 ft/sec,

the reverse occurs.

Finite Thrust ‘Analysis

Analysis was ccnducted to indicate optimum thrust for the propulsion phase,
and to determine the effect on velocity requirements of employment of a
finite thrust rnase. The vehicle considered had an Earth hyperbolic excess
velocity of 48,002 ft/sec which is indicative of a fast (100-day) return trip
from Mars. In comparison to the lesser hyperbolic velocities associated
with other trips (e.g., 30,000 ft/sec for 2L0-day Mars-Earth, 10,000 ft/sec
for 120-day Venus-Earth and O ft/sec for 3-day Moon-Earth), the subject
journey represents close to an extreme condition of magnitude of Earth~-
approach velocity. In the sbsence of propulsive braking, the vehicle would
erter the Earth's atmosvhere (L00,000 ft altitude) at 60,200 £t/sec.

118

FORM 608-8 (LEDGER) REV. 1-38




ROCKETDYNE

A DIVISION OF NORTH AMERICAN AVIATION. INC

L))

Prrpulsive Breking Phase. The first phase of the analysis was selection

o. optimum propulsion system characteristics over a wide range of possible
required propulsive capabilities. The propulsive phese was terminated in

all cases at the selected Eartl entry altituce, LO;,ODO ft (representing

an effective cuter fringe of the atnOQphere) at velocities ranging from 38,000
ft/sec to £2,200 *t/sec (the latter corresronding to no propulsive a**lncatnon)

The propulsion system ideal velocity regulrement was computed, bzsed on digital
cemputer sinulated trajecteries for various initial thrust-to-weight values.
The resu are precented in Fizurec 73 to 78 . Vehicle characteristics
renresent c‘:" a punp-fed Liguid orrberw/:."droz en propulsion system tere
assured, lrust-derencent welight facters, iy, rarging fron 0.015 1b/1b
thrust te J.S;-S' were selected, with 0.025 utilized as a t;7nical roninel value.

2.y
v

ct |_n
m m k0
PR e

0O K

J("!D

Results cf the thrust-te-weight optimizetiorn for the retro-prorulsion phase
are presented in Figure 79 . The data were “or .\_.~_uec‘ in cach irstence to
he srcss "6' ::t—to-“a"load ratio obtaired at : -, W equal to 0.15, end the locus
oi‘ optimim 7 values for Ky of 0.025 was superimposcS on the ¢~tz nresentcd.
It “s ef:.c.eut frcm igure 79 that as atmospheric entry velocity increases
above L£,000 't/sec, corresrordirg to propulsive ideal AV velucs telow 1€,000
. ' ft/sec, tre oplimum F/W decreases due tc the penalty that thrust-dependent
weight impcses on propulsion system prepellant fraction. However, the influence
cf "/v' cn gross weigcht becomes cuite "I“all. The decrease in optimum ¥/W as
cntr;.-' velocity decreases btelow }.,6 200 ft/sec reflects tke lescerning significance
of gravitr effects ac the propulsive maneuver is .Lrltlatea progressively further
i out in smace. In Table 16 , propulsion system dalz ore unmarized for venicles
! (211 initizlly at a h*merbollc excess velocity of 48,0 "t/sec) with entr;”
| velocities rarging from 38,000 ft/sec to €0,200 ft/sec. The restlts show that
: the AV-lcss asscciated xuth the optimum F/W indicated is small. Thus, for most
’ preliminary aralyses, the difference between the arrivzl velocity and desired
entry velocity can be used for propulsior. studies. The payleac for the pro-
pulsion rthase is the entry vehicle weight. This parlecad, indicated as a
fractior of the initial gross weight, is partly useful landed payload and
partly heat shield for protection of the vehicle during the aerodynamic phase
of the landing. ,
Those vehicles which employ large propulsion systems prior to atmospheric
entry require small heat shields for the aerodynamic braking phase, and vice
versa. The lightest overall vehicle is obtained by selecting an integrated
landing system which optimally trades off crropulsion system and heat shield
weights. The aralytical process involved is described below.

®
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TABLE 16

EARTH ENTRI VEXICLE PROPULSTON SYSTH{ DATA

[y

Arrival  Entry Yy - Vg Optirmm Propulsion  Propulsion
Veleeity  Velocity ft/sec  Preopulsion Ideal Payload-to-
Qiﬁ)’ : (YE)’ : . Thrust-to- Velocity Cress Weight
ft/cec ft/sec Teight Fatio Increment, Ratio
ft/sec
2,200 . 38,000 22,200 0.L:7 22,810 0.0509
12,000 18,200 0.53 1,610 0.12€7
16,003 10,220 9.55 11,199 0.2258
55,000 10,220 0.52 12,390 0.369%
5], 007 6,200 5.13 6,300 2.5610
56,070 L,200 2.32 4,270 0.682
€2,203 60,200 0 0.00 : 0 1.0000

vster Tntegraticn. An approxinate erxnression relatins heat shield fraction
tc aimosrhere eniry velociir was presentec earlier. In Fisure 80 , three
ablatior charecteristics arc presented: (1) represerts z highly conservative
ectimate, (2) is o cuorrent "test uess" gleaned from cv-ilable dota, () is
an artiirary chzaract zte a becroerlire
cenditvion berond which propulsive hraiing offers no weizht advantzge.

(=]

The enir; vehicle weight shtown in Table 16 , mult:izlied by tre facter, 1-L,
yields thne useful parloacd of the overzll lardirg veh’zle. The results of
this creration are presenteéd in Figure81 for the Tatle 16 datz used in con-
Junction with each of the heat shields represented in Figure 80 . The use
of heat shield curve (1) yielded an optimum ertr; velocity of 42,000 ft/sec,
thus recuiring a retropropulsive AV of 18,610 ft/sec. (This result is in
close agreement with the results of the impulsive study and substantiates

the validity of assuming impulsive velocity additions for vehicle optimi-
zation analyses.) From the nomiral heat shield data, Curve (2) of Figure 81,
it Is indicated that the optimum configuration has 4270 ft/sec of sropulsive

~ braking capability and an entry velocity of 56,000 ft/sec. The payload,

representing approximately 31 percent of the original space vehicle weight,
includes all weight that survives atmospheric entry. Further distinction

‘between structure ard purely useful payload (men, scientific equipment) is

beyond the scope of the present analysis.
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Curve (3) results in a limiting condition; the optimum propulsive velocity
ircrement is zero. For lower shield weights, the propulsion requirement
obviously continues to be zero.

For the mission conditions and ablation characteristics used in this
analysis, a propulsion system, albeit a relatively small one, was desirable.
The mission condiiions used are probably more severe than are actually
likely to te encountered at either termims of any precently envisioned
interplanetary mission., Practical missions, at least in the next deczade,
are unlikel:x to be so ambitious as to attempt a2 100-dgy llars return; trip
times closer tc 200 dars arc mcre fezsible. From a performarce stardroint,
propulsive breking is net required for the direct landing trajectory con-
sidered for nomirzl heat shield weights and hiyperbolic excess velocities
less than 1;2,007 £i/sec; propulsive braking, as a means of reducing overall
vehicle weight, therefore does not zppear necessary. :

Paremetric Ablation Shieldé Analysis

Six ablation characteristics, showm in Figure &2 , were selected to cover
the breoad range of available heat shield weight data. The ablation weisght
curves are shown radiating from the point, a 3-percent heat shield weight at
20,000 £t/sec ertrr velocity. Because cenvective heat transfer is the
dominant mode at this low velocity, the aralytical difficulties of radiative
hezt trznsfer, and the relsted wice diversity of predicted atlation chield
welght, are not manifested; there is, as a result, relatively good agreement
enong available deta sources on the selected common point.

Further exrerimentzal ard design data on heating conditions, and optimum zblation
shield configurations, arerequired to verify a particular atlation characteristic.
Thus, a parametric approach was employed in this analysis.

Technigues described previously were employed to detemine optimum retropropulsive
velocity acdditions for the selected ablation characteristics and planetary entry
conditions. Impulsive velocity ircrements were util:ized, and a nominal pro-
pulsion system with a specific impulse of 420 seconds and a propellart fraction

of 0.85 was. assumed.

Results of the aralysis are presented in Figures 83 to 88 , each figure
corresponding to one of the selected ablation characteristics. Note that

a particular arrival velocity implies different hyperbolic excess velocities
at Earth, Mars and Verus. Values of hyperbolic excess velocity are stated
along with each arrival velocity to relate the data presented to specific .
interplanetary trips.
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Curve (3) results in a limiting condition; the optimum propulsive velocity
ircrement is zero. For lowver shield weights, the propulsion requirement
obviously continues to be zero. :

For the mission conditions and ablation characteristics used in this -
analysis, a propulsion system, albeit a relatively small one, was desirable.
The missior conditions used are probably more severe than are actually
likely to te encountered at either terminus of any presently envisioned
interplanetary nmission. Practical missions, at least in the next deczde,
are unlikelr to be so azmbitious as to attempt a2 100-dey llars return; trip
times closer to 200 dzrs arec mere feasible. From a performarce standroint,
propulsive breking is not required for the direct landing trzjectory con-
sidercd for nomirel heat shield weights and liyperbelic excess velocities .
less than 112,007 £4/sec; propulsive braking, as a means of recucing overall
vehicle weight, therefore does not arpear necessary.

aremetric Ablation Shield Analysis

Six ablation characteristics, showm in Figure 82 , were selected to cover
the broad range of available heat shield weight data. The ablation weisht
curves are shovm radizting from the point, a 3-percent heat shield weight at
20,000 ft/sec ertrr velocity. Because convective heat transfer is the
dominant mede at this low velocity, the aralytical difficulties of radiative
hezt trznsfer, and the related wice diversity of predicted ablat’en shield
weight, are not manifested; there is, as 2 result, relatively good agreement
among available data sources on the selected common point.

ctk

Further exrerimental ard design data on heating condiiions, and optimum atlation
shield configurations, aerecuired to verify a particular atlation characteristic.
Thus, a parametric approach was employed In this analysis.

Technigues cescribed previously were employed to detemine optimum retropropulsive
velocity additions for the selected ablation characteristics and planetary entry
conditions. Impulsive velocity increments were utilized, and a nominal pro-
pulsion system with a specific impulse of 1420 seconds and a propellant fraction
of 0.85 was assumed.

Results of the analysis are presented in Figures 83 to 88 , each figure
corresponding to one of the selected ablation characteristics. Note that

a particular arrival velocity implies different hyperbolic excess velocities
at Earth, Mars and Vems. Values of hyperbolic excess velocity are stated
along with each arrival velocity to relate the data presented to specific
interplanetary trips.
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®

The importance of knowing the zblation characteristic is clearly illustrated
by the fact that for a minimum weight system, a conservative ablation weight
estimate, Curve (1) of Figure & , dictates the use of a retrorocket for

, ' arrivals atove 32,000 ft/sec, whlle an ortimistic estimate, Curve (6) of

5 Figure 8 , v;'elcc= the result that no propulsion system is needed for arrﬂvals
| velow 10,000 £t/sec.

The pre;lczaC expression derlved earlier, which combired the separate effects

of the rro-ulsion system, the ablstive heat shield and the terminal deceleration
device, was differentiated with respect to the rropulsive velocity change,

AV, to obtain the expression ' '

f+r

{ - ~ f_ T
' b(;éw = Is 8o Ap -1+ e-’A”'Ls Ec_] L XeZ\VA -A»’) + 8

. e-AV/Is 8o [_eX(VA A7) + B _1]

® N

This was set equal to zero, and optimum AV was then computed directly as
a furction of arrival velocity.

The results are showmn in Figure 89 for Earth landings. Ior a given mission
horertolic excess velceity, the optimum AV is the verticzl distance between

the srrival velocity curve and the optimum entry velocity curve corresponding

to the arpropriate ablation characteristic. Thus for any ablatien characteristic,
the desira-ility of using a propulsicn system, and the corresconding optimum

AV, can be determined. The resultant payload cen bc determined frem Figure 83
tc 88, or by the use of the parload-to-gross weight ratio equation presented
previously.
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of Propulsive/Aerodynamic Systems.
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E/RTH TERMINAL DECELERATION PHASE SYSTEMS

The inability of a parachute to decelerate a mass efficiently to
very low velocity and the infependence of a rocket device from any
such constraint on operating regime suggests that a combined system
for final deceleration of a landing vehicle might be nore efficient
than either device employed singly for the same tesk, An investi-
gation was therefore conducted to evaluate parachute/rocket systems
for the terninai-descent phase.of Earth landings.

The perachute is first deployed to slow the vehicle to parschute
terninal veloeity, Vp. The vehicle then continues to descerd at
terminal velocity to an altitude determired by the tlrust-tc-weight
rotio (F/3) of the rocket, (The higher the F/I, the lover the
jcnition eltitude.) The rocket then slovs the vehicle to irpact
velocity (Vp). ' ' :

4 complete terminal descent systen ineludes not only a psrechute and
retrcrocket, but an impact sbsorption device as well, For the
initisl analysis, impact velocity, end therefore impsct-absorber
weight, was fixed at one of two discrete values (10 znd 25 ft/sec).
4s a result, the weight of the impact device wes constant and did
not affect the optimizetion of the prerachute/retrorocket corbinstion.
Subsecuently, the veristion of impact cbsorber weight with impact
velocity wes considered, and optinizetion of p:rachute /rocket/impact
device systems was performed. It should be noted that inclusion of
irpact velocity es z pernicsible verieble implies thet no restric-
tions are imposed by touchdovm stability considerations, From a
practical standpoirt, it is unlilely that desicn impect velocity for
a lariding vehicle will exceed 25 ft/sec; hovever, if lateral velccity
at impeaet can be closely controlled end reliable crerstion of long-
stroke impact absorption devices can be assured, there need be no
1imit on impact velocity.

Perarocket System

Parachute System, The forces acting on the vehicle during a para-
chute descent are the vehicle loczl weight (HL) and the parachute
dreg force which is dependent on the descent velocity (v). &t
equilibrium conditions V = Vp (parachute terminaol velocity), and
the drag farce is equal to the local weight of the vehicle,

2
WL""’%‘PPGD ( 741)2 ) Vg
D = Vehicle diameter

Pp= Muospheric demsity npar surface of planet
Ch = Parachute drag coeffitgient

1ho
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The vehicle local weight may be written in terms of vehicle Earth
weight, Wg . -

Wy, = Vg _ge_
e

vhere gp/ge is the ratio of planetary gravity to Earth gravity,

The parachute xqeight may be considered directly proportional to its
cross sectionzl zrea. (Reference ). Therefore, by applying some
froportionality constant (¥ ), the parachute weight (W-p) is:

0, = 3(-71%2-)

™Ne__2 e, " -7 [y ) PR TP Sy Y 3- <
Dividing Vp by Wy end reducing constant vclves into one constant ¥
(zssuning Cp 2 constant)
W, c X
p &P

-t

"'B‘ B E’eep VE

< T
an Earth landing parachute systen,

-
1L

erefare,
K

@
The resulting ecuation for perechute’ systen weight Sor extra-
terrestrizal landing is:

= /2.7, since gp/ge = 1 for Earth.

i g, Eearth 2.7
= = =2 ( v,rg)
E e p

Retrorocket System., A rocket engine having a specific impulse of
240 seconds was used. The propulsion system weight, including

propellants used was:
WAl =.(FAH)  (0.0097 + 0.00457 ty,)

where tp is the burning time,

3 ua

erresentative deta rrovided by the ZLmes Research Leboretory
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The expression foar tp was derived on the basis of constant FAM
dwring burning (there is actually asbout a 3-percent variation
if constant tirust is employed) with drag assistance provided
by the parachute during rocket operation,

The forces acting on the vehicle during rocket operation are
thrust ( F) weight (V1) (both assumed “constant) and parachute
drzg which is ecual to k V2, The rroportionality constant ney be
evalucted ot eguilibrium conditions of pecrachute-only operation
vhere V = Vp and the dreg force is equal to the velght of the
vehicle; i.e.,

= U /N2

The ecuaiion of motion for corbined rocket and pergclﬂate
retard-tion is, therefore,

. e 2y 2 '

v SF F4+ (CASYVE -V :

—_—= = - — =g [(F/..'_‘l) + V2 N2
ét M w/g :

.)e“crwl“'- verv_:bles and 1nteorat’ng'.

év
_j Ffi-1) + R f

1

vhich yvields ‘bb T e | arctan
1/5:71- ( ;; s )]

Expanding and letting Fr -1) % =
c Vp ‘ '
b, = _g_;l‘_ Earctan - (eVp/Ny) - arctan g

Systems Znalysis, Init:.ally, en impact velocity (Vp) of 10 ft/sec
was assumed and values of V, and F ] were varied to obtain the
minimm parerocket system weight (w system) = to - gross vehicle
weight (Wg) ratio.

~svstem Eg 1fez + Wgarachﬂe
WG ) . WG

FORM 608-B (LEDGER) REV. 1-58
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The optimization was repeated using 50 percent greater parachute
weights with nominal rocket weights, and again using 50 percent
rocket weights with nominal parachute weights,

As a parachute terminal velocity is increased at constant rocket
F/l ard vehicle-impact velocity, a greater part of the velocity
must be cancelled by the rocket., Thus, the rocket weight increases
and the parachute weight decreases as shown in Figure 90. Equal
terninal and impact velocities imply thot the porcschute performs the
entire retro task and the rocket weight is zero, The parachute
weight cirve of Tigure 90 may also be used to shov the weight of a
perzchute-only system for on EZarth landing, with impzet velocities
corresponding to the indicated parcchute terminzl velocities.,

Totel systen weichts versus F/AY for o renge of norochute terninal
velocities, Vg, ond an impect velocity, Vn, of 10 fi/sec cre presented
in Ficwre9l . In Fimure 91 it is incdiccted that for 2 10 £i/sec
inpset velocity, the optimum system emrlorys the prorachute to slow
the vehicle to between 60 ond 00 fi/sec,and ther applies rocket

a

thouet ot on F/AI of approxinetely 1.6 te surply on i
arrrozinstely 65 to 85 ft/sec. The srsten weichi is spproxinetely
L percent of the vehicle weight.,

The effect of increasing the porachubte weight and the rocket system

weight by 50 rercent is shovn in Figure 92 and 93 . The system: ‘
pbinizes a2t o terninal velocity close to SO fps if the pzrachute
weisht constant is increased by 50 percent. The slight ineress
in systen weight as compared to the nominzl case reflects the fact
that the perachute accounts for only a small part of the syctenm
weight., TFor a 50-percent larger rocket weight factor, the optimun
parechute ternminal velocity is 32 fi/sec, the cptimm 7/ is epproxi-
nately 1.5 and the system weighs er-prorimetely 5.3 percent of the
vehicle gross weight, '

Reducing the design impact velocity, Vg, does not significantly
change the FAI optimization as indicated in Figwre 94 . Increesing
the design value to 25 ft/sec, however, results in a reduction of

" optimum FAl to 1.15. A complete FA and Vp optimization was made

far a Vp of 25 ft/sec and is presented in Figwe95.

In Figure 96, the optimum total system weights are shown as a function
of parachute terminal velocity. The optimum FAl values versus para-
chute terminal velocities are presented in Figure 97, If the para-
chute weight constant is increased by 50 percent, the optimum FA -
for a particular perachute terminel velocity does not change;

i

{,‘
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-

therefore the optimn FA! curve of Figure 97 far an impact velocity
of 10 ft/sec and nominal system weights is also applicable to the
case where 150 percent nominal parachute welght is used. The
optirum.-parachute terminal velocity does, however, shift to a
highér value for the higher parachute-weight case.

.

Perachute/Retrorocket/Impact Device System

In the study described above, discrete values of impact velocity
were selected on the basis of stability criteria; the optimization
analysis involved only the parachute and rocket employed priar to
inpact. 4n investigation optimization of a cormbined system
employing a peraschute, a retrorocket, and an impaet erergy-ebsarbing
device was conducted to debernine optimum overell terminel decelera-
tion phase systems.

The weight percentace of an impect energy-ebsorbing device is
devendent on the iupact velocity (Vp). Therefcre, for an optimi-
zation curve based on a constsnt V@, adding a constant impoct device
veight does not change the optimum porochute terminel velocity (vp)
and rocket FAl. Only the system weicht {(3taich now includes the
energy-shsorbing device) is increased, For 2 range of Vp values,
the optimun Vp values and the optimm rocket FA! values are presen-
ted in Figure98 . :

The minirmm parsrocket weight, the parschute weight, and the weighi
of a frangible tube impact device® sre rresented in Figure 99 as

2 function of Vp. The frangible tube data is from Reference 5 .
For the pararocket system weight, the impact velocity refers to

the velocity at which the vehicle strikes the surface immediately
after rocket burnout. TFor the parachute (only) systen, the impact
velocity is the perachute terninel velocity.

The combined system weight for Zarth is presented in Figuwre100. Fap
a nominel weight case, at impact velocities above eprroxinately

L0 ft/sec, the parachute system is lighter than a pararocket systenm.
Ading the impact energy-absarbing device does not alter this trend;
the lowest combined system weight (approximately 3.0 percent of the

¥The indicated impact device weight essentielly reflects only the
weight of the velocity-dependent portion of the overall landing :
gear., A detailed landing geer study presented in the Appendix indi-
cates that most of the weight is devoted to items which are not
dependent on impact velocity.

FORM 608-B (LEDGER) REV. 1-58
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Tmpact Velocity (Vg), f£t/sec

Figure 98 Optimm Terminal Velocity and Rocket Thrust~to-Weight Ratio |
for Pararocket Retro System (Earth)
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vehicle gross weight) is obtained by the use of & perachute to reduce
the descent velocity to 55 ft/sec and then a frangible-~tube system
to absorb this velocity. If 55 ft/sec exceeds the impact velocity
that assures touchdown stability, a nonoptimunm parachute system
would be employed to provide 2 lower impact veloecity; if a velocity
below 40 ft/sec is desired, the pararocket is more efficient than
the parachute system. The fact that at zero impact velocity, the
porarocket-systen weight (no francible-tube impact system) does not
eouzl the optimum combined pareorocket and frangible-tube system
weight inmgplies that some allowence is made for impact-Cevice weight
at zero impact velocity,

sing parachute weicht increaced by 50 percent are
e 101, 2nd vhere the impact energy-zbsorbing device
e

e

PRSP R

50 pércent azre presented in Fipure 104 The
on tends to increace the cptimnm impsct velocity; the
little effect other than =2 reduction in payload.

Svster Selecticn

The results indicate that for desicn impact velocities bhelow 40-45
ft/sec, the pararocket systen (parschute rlus retrorocket) results

-in e lover system weicht then use of only & perachute. JZpproxinzte

L

values of the optirmmn thrust-to-(Zarth) weight ratio for the retro-
rocket end perachute design beriiinal velocl based on a design
impact velocity of 10 ft/sec, are 1.5 ard 7 espectively,

and the ncrarocket system constitutes 3.9 p he rcross

weight; includins the frangible tube syst s to 4.4 percent.

7, o
0 ft/sec, r
ercent of t

gises thi

-
sten

3

Svsten optimization including an impact energy ebsorbing device,
results in the minimum overall systen weight occurrinc et hich cdesizgn
inpact velocities, vhere the parachute (only) system is lighter than
the pararocket system, The combined system weights 2t optimm Vr,
and for 25 ft/sec end 10 ft/sec Vp values are presented in Tzble 17.

The general results of the study indicate that if high impact velo-
cities are allowable, the desireble system from a weight anmd '
ninimumn complexity standpoint is the parachute and impact energy
absorbing device system, If it is necesszry to limit the impact
velocity to 10, or possibly 25 ft/sec, the accition of the retro-
rocket results in lower system weights.

-
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1inirmm Veight
Configzuration

Percent Gross
Weight

- TABLE 17

COMBINED SYSTEM WEIGHTS

Ovtimm Va'= V@ = 10 £t/sec

55 f£t/sec
Parnchute Foreorocket
Impact Impact
Device Device
3.1 L

#Vp = Impact Velocity
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Vp = 25 ft/sec
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BARTH -~ MARS MISSIONS

MARS TRAJECTORY SELECTION

The propulsion requirements for a round-trip mission to Mars are strongly
dependent upon the launch dates and transfer durations selected for the
outbound and return legs of the journey. Optimum round-trip trajectory
characteristics are determined by analysis of the ‘trade-off between pro-
pulsion sysiem ideal velocity requirements, which increase as total trip
duration decreases below approximately 950 days, and the weight requirements
imposed by life support, meteorite and radiation shielding, and propellant
storage, all of which increase with increasing trip time, The latter
factors are, at present exceedingly difficult to ascertain precisely;

as a result, a parametric approach is utilized where necessary in subse~-
quent studies. -

A variety of Earth-Mars trips are described in Table 18 ; the data pre-
sented were obtained from References 6 and 7 ., It should be noted
that the indicated hyperbolic velocities vary cyclically, and repeat (ex=
cept for a change on the order of 1000 ft/sec from one period to the next,
caused by the eccentricity and inclination of the Mars orbiial plane) each
synodic. period, or 780 days, Specific irips are generally characterized
as slow, such as items (1) and (2) in Table 18 , or fast, as represented
by items (7) and (8). :

The propulsive energy requirements for each leg of a slow trip are mini-
mized separately, without regard for the resulting planetary stay-time,
which in the illustrative case is L65 days. The implication of selecting

a slow trip is that the propellant required to provide additional velocity
capability exceeds the weight of additional life~-support, vehicle shielding
and insulation; in the light of continuing developments in closed=-cycle
ecological systems, nuclear or solar power sources, insulation technology
(and other methods of temperature control) and in-flight vehicle repair
techniques, this possibility exists, but it is presently doubtful, The
choice of launch dates and trip times in this instance is straightforward,
and essentially unaffected by considerations such as the use of aerodynamic
braking on arrival or propellant shielding and storage during transit. '

Fast trips are difficult to optimize. For a typical specific total duration
of 352 days, of which 12 days are for surface exploration (items (7) and (11)
of Table 18), the selection of launch date and Earth-Mars trip time is

not simply a case of minimizing the total hyperbolic velocity requirements,
First, arrival conditions at Mars and later at Earth are less consequential

: | 160
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since deceleration will be accomplished principally by aerodynamic means,
This factor indicates that system optimization entails minimizing the sum
of the departure velocity requirements, However, the Mars takeoff pro=
pulsion system must be shielded and insulated until it is used; the Earth-
departure propulsion system has no such requirement. This condition sug-
gests that for an optimum system the minimum total-departure velocity
stipulation cited above should be biased toward higher Earth-departure
velocity (i.e., a short outbound trip) in return for a subsequent lower
Mars-departure velocity requirement. Though precise design data are not
currently available in all pertinent areas (in particular, meteorite
shielding), the round trip described by items (7) and (115 of Table 18

is a reasonable estimate of an optimum mission profile, and thus provides
gerieral requirements, where needed, for analysis of Mars landing phases,

TERMINAL CORRECTIONS FOR EARTH-MARS TRAJECTORIES

Landing on the surface of Mars can be performed in several ways, The
vehicle can enter an orbit about the planet and then descerd wholly or

in part to the surface. This concept would be of value for early missions
where it was not deemed possible to rely on a direct aerodynamic entry
without surveillance, equipment checkouit, etc. Alternately, the space
vehicle can employ atmospheric braking for direct descent to the surface,
In either case, since midcourse correction analyses for the missions
studied have shown that the vehicle approach trajectory accuracy is in-
adequate, there is a requirement for terminal corrections. The terminal
correction propulsion requirements for both landing concepts were analyzed
since both concepts may be used for Mars systems.

Propulsive Orbit Establishment

- An analysis of terminal corrections required for missions which utilize a
propulsion phase to establish a 300-n mi circular orbit has been performed
in conjunction with another study.# The method of analysis is presented in
Reference 2 o The Earth-Mars trajectory used in the analysis is summarized
in Table19 ,

‘TABIE 19
EARTH-MARS TRAJECTORY FOR ORBIT-ESTABLISHMENT MISSION

Launch Transfer Hyperbolie Nominal Actual
Date Time, Arrival Asymptotic Asymptotiec
days Velocity, Approach Approach
ft/sec Distance, - Distance,
n i nm
6 Dec. 196k 250 12,000 3,L00 5850

# NASA contract NAS 7-88 conducted by Rocketdyne
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The actual asymptotic approach distance resulting from midcourse correction
inaccuracies was 5850 n mi, a deviation of 2450 n mi from the desired
value. The relatively long transfer mission with its low arrival velocity
was selected as representative of propulsive orbit-establishment missions
since faster missions result in excessive propulsive AV and propulsion
system weight requirements., | '

The terminal correction velocity requirements for the selected mission,
and an alternative trajectory with a hyperbolic approach velocity of
15,000 ft/sec, are presented in Figure 103 for various asymptotic approach
distances, A crossplot is presented in Figure104 to indicate the decrease
in correction velocity increment with reduction in asymptotic approach '
distance deviation, '

Ar analysis of the effects of errors in position and velocity measurements
and in correction maneuver execution was performed to evaluate the sub=
sequent altitude deviations in the prcpulsively established orbit. The
mezsurerent errors were range dependent, and executicn errors were AV
dependent (where the AV was indirectly range dependent); therefore the
deviations in apsides altitude caused by the errors were plotted as a
function of range (Figure 105)s A tolerance of 10-percent (30 n mi) in
the deviation of apoapsis altitude of the orbit was utilized for selecting
the range for making the terminal correction, -

Fer terminel corrsctlions, the megniiude of execution error Ls
F/W ratic; the results presented for terminsl cor

corresporded to a C.3 F/iW ratio, which is also th ;
the subsequent orbit-estzblishment maneuver. For F/if rz4i 2
eand 0.5, the exscuiion errors vary negligibly, ard the Iuvestig

therefore valid for any F/W in this range of values.

The correction range obtained from Figure 105 and the mzgnitude of the
correction velocity increment (Figure 103 ) for that range are given in
Table 20 . '
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TABIE 20
TERMINAL CORRECTION FOR MARS ORBIT ESTAB

Mission 'Nominé[l, Apoapsis Correctio

Orbital Tolerance, Range,
Al titude, n mi n mi
Earth-Mars 300 30 116,000

Atmospheric Entry

Terminal Corrections required for atmospheric

LISHMENT MISSION

n Terminal
Correction AV,
.ft/sec

630

braking missions were

investigated for the two Earth.Mars transfers presented in Table

TABLE 21

EARTH-MARS TRAJECTORIES FOR ATMOSPHERIC

Trajectory Launch Date Trip

" Number Time,

(see Table 4 ) . days
1 19 May 1971 170
3 6 June 1971 80
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An analysis of midcourse corrections for these two trajectories (d.scussed
under Earth re-entry) was made to determine the deviation in asymptotic,
approach distance which existed at conclusion of the midcourse correction
mansuvers. These results are shown in Table 2 .

TABLE

MARS ARRIVAL CONDITIONS

Trajectory Hyperbolic Nominal Asymptotic Deviation ctual
Number Arrival Approach Distance (D), in D (AD), .%sy:mtct‘c
(see Table 4 ) Velocity, n mi n mi Approach

i £t/sec Distsnce ’D ),

; ' n mi

5 1 11,000 3190 2460 6650

_ 3 34,000 . 2025 L7% 2500

The entry corri dor (Flvure 106 defines limits of entry conditions suitable
for p erformance of aerodynamic lancL_ng maneuvers to tbe suarface of Hars

-l
”

sing 5 drag vehicle configuraticn. The coirrider for this type vehicle is
arrower than corridors for other vehicle co“figl.wa’m.onc Therei‘o*‘e,
trajectories sams Zying this corridor will be valid for other configurations.

:J x

’T‘he corbinations of Vi and D, from Table22 represent +*~ajectories with
etmospheric entr;” conditions outside the If‘rs—eﬂtrv corridor. Therefore,
te*mna.:. corrections were necessary. The objectives of the terminal correc-
- tions are given in Table 23, ’

TABLE 23

NOMINAL ENTRY CONDITIONS INTO THE ATMOSPHERE OF MARS

Trajectory Entry Entry VE/V co Entry Trajectory
Number Altitude Velocity Elevation Angle
(hg), - (v ), (X
feet ft/s degrees

i ! 3 l,h25,000 37,760 30,.12 ’21109
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The magnitudes of the terminal corrections are plotted in Figures 107 and
108 , as functions of correction range. Correction velocity magnitudes
are presented for several values of deviation in asymptotic approach
distance to indicate the influence of that parameter.

Errors encountered in terminal corrections affect the selection of a

range for making the correction. Measurement errors are range dependent.
Correction execution errors are dependent on AV and F/W ratio. Since the
magnitude of correction errors varied only slightly for F/W ratios between
0.1 and 0.5 (Reference 2 ), errors corresponding to a F/W of 0.3 were used.

TVl v SEL L2 AN & 21V,

re indicated in Figure 109 and110 . The dev1at10u in entry velocity

is insignificant. The allowable deviation in trajectory elevation angle
at entry establishes the range for terminsl correction. For the applicable
conditions, the required correction range snd the corresponding velocity in-

crement are shown in the summary ¢f terminal corractions presented in
Table 24. .

The rms dev1at10ns in entry velocity and entry trajectory elevation angle
S

TABLE 24
SUMMARY OF TERMINAL CORRECTIONS FOR MARS ATMOSPHERIC

- ENTRY MISSIONS

Trajectory Entry Entry Correction Correction
Number Corridor Angle Range, Velocity
Half-band Deviation, nmi Increment,
Width, degrees Ft/sec
degrees :
1 2.5 + 2.5 72,000 - 380
3 0.5 +0.5 Lk, 000 360
Conclusions

The analyses conducted have indicated a need for terminal corrections in
missions using orbit-establishment maneuvers prior to landing and in
missions using atmospheric deceleration entry maneuvers for direct.
landing. The magnitude of the velocity requirements have been determined
and presented for propulsion systems with a nominal 0.3 initial F/W
ratio. However, the velocity requirements analysis indicated that for a
F/W range from 0.1 to 0.5, the change in results is negligible.
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' The results indicate that for aerodynamic direct-landing maneuvers, the

use of terminal correction will permit successful entry into the entry
corridor and a propulsive phase for deceleration is not a requirement.

The nominal trajéctory conditions and recuired corrections for the
selected orbit-establishment anl asrodynznicentry missions are summarized
TABLE 25

NOMINAL CORRECTIONS FOR #ARS ‘MISSIONS

Miszion  Hyperbolic Deviétions frem Correction Correction
Arrival Nominzl Asymptotic  Range, Velocity
Velocity, Miss Distance, n mi Increment,
rt/sec n mi A , ft/sec .

Orbit

Estab- .

lishment 12,000 250 - 46,000 630

Direct ' :

Entry 11,000 2160 . 72,000 380

Direct

Entry 3k,)400 W75 Lk ,000 360

The magnitudes of the reguired velocity increments are sufficiently small
to preclude the need for dual correction schemes as were used for Earth
terminal corrections.
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PROFULSIVE MARS ORBIT ESTABLISHMENT
AL DEPARTURE MANEUVERS

Optimization of thrust-to-weight ratios (F/W) for propulsive orbit
establishment and departure maneuvers at Mars was conducted by means of
the ncmograph technique described earlier for Earth missions. The
propulsion regquirement nomogreph is presented in Figure 111 s and the
applicable factors for introducing F/W effects are presented in Figure 112 .
The variables considered were the thrust-dependent weizht factor, Kg,

the propellant-dependent weizht factor, Em, and specific impulse.

A rominal value of hyperbolic excess velocity, corresponding closely to

a minimum-snergy trensfer, was utilized; optimum F/W was demonstrated
previously to be relatively insensitive to hyperbolic excess velocity,
and 1t was, therefore, not trested zs &z varizble in the present enalysis.
Results are presented in Figures 113, 114, 115zn
studies, the most significant result is the relative
payload curve in the neighborhood of *he opimum pcin
wide range of F/W values over which paylozad is close t
value. This result is emphasized by the data pressnte

d 116. As in previous
tive flatiness of the

t, resulting in a
0 its maximum
d in Figure 117 .

The effect of hyperbolic excess velocity on payload for a Mars orbit-
establishment mission is presented in Figure 118, The r= I

to zero payload indicates that for high values of nyperbolic excess
velocity, i.e., short Eerth-Mars trips, serodynanic braking should be
employed to provide at lezst a porticn of the totzl rzqzired decelerstion,

2 38
pid dropeff

el

MARS CRBIT ESTABLISHZZNT FOLLOWING AN ATMGSPHEZRIC GRAZZ

The feasibility of establishing s Martian orbit using an atmospheric
grazing maneuver followed by a propulsive maneuver has been investigated
in a similar manner to the analysis performed for Earth. The entry and
exit-altitude fecr the Martisn atmosphere is 1,425,000 feet and the entry
and exit angles range from 10 to 30 degrses. Three impulsive techniques
for establishing an orbit following the graze mansuver have been investi-
gated: 1) two impulse direct-to-orbit, 2) coast to apoapsis, then two
impulse to orbit, and 3) a three impulse maneuver. These three schemes
are discussed in further detail in the section dealing with Earth orbit-
establishment maneuvers. ‘

'The impulsive velocity réquirements for the three schemes are presented in

Figures 119 through123 . A summary of the three schemes is given in Figure
12 for =n exit angle of 20 degrees. The figures indicate a trend similar

| 176
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Velocity Increment (AV), fps x 10-3
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5 10 15 20
Exit Velocity (Vex), £ps x 10~3

25

Fig,119 Velocity Requirements for Establishing a 300 n mi Orbit

at Mars, Scheme 1.
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Velocity Increment ( AV), fps x 10=3
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Total Velocity Increment ( AVT), fps x 102
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to that noted in the Earth analysis in that schemes 2 and 3 yield the
lowest velocity requirements over most of the range of exit velocities
C:heme 2 for exit velocities less than 1,000 ft/sec znd Scheme 3 for
exit velocities grester than 14,000 ft/sec.

The applicability of the atmospheric graze maneuver to a given mission
will “epend on the vehicle configurstion and constraints (i.e., maximum

Lileo

g limit, heat shielding, etc.). If the vehicle is cepable of executing

the graze maneuver, considerable ssving in propulsive energy can be
rezlized over a direct orbii esteblishment meaneuver. Since the velocity
rsq 1“=Vertg for orbit ectablle* tert fcllowinz the graze mey te approxi-
rmzted by the difference beiween exit (fro. the graze) and ortital velo-
cities, the propulsicn rejuirements for s comnined graze 2nd propulsion
mzneuver are lecs than thai of the direct propulsive maneuver by approxi-
nstely the amount ol veloc 1 1y reducticn achieved by the grzzc

15
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PROP.LSIVE/AERODYNAMIC BRAKING MANEUVER FOR MARS ENTRY

The analytical techniques and assumptions required for the analysis of
propulsive/aerodynamic landings were described indetail for Earth re-entry
systems, and do not warrant additionsl discussion at this juncture. In
general, the results can be stated in a2 manner similar to the Earth
re-entry results: if the resulting sblation weight characteristics arree
with she currert estimates, propulsive deceleration is not required for
cchievanent of maximum payload.

The results of a parametric study of a Mars eniry vehicle are presented

in Figurei125 , The optimum propulsive AV for a mission characterized by
a particular hyperbolic excess velocity is equal to the vertical distance
between the arrival velocity curve and the optimum entry velocity curve
for the appropriate ablation characteristic.

VARS TIRMINAL TECELERSTION PHASE SYSTZMS

The rresence of an aimosphere about Mars indicates thst parschite/retro-
rocket/impact device systems such ss those described earlier for Earth
lancfings sre applicable tc the terndnsl deceleration phase of a Mars
lendirng., Appropriate expressionsfor tarazchute 2nd retrorocket weights were
cttezined from previous results ty replacing values of the Ezrth gravi-
tational constant.and atmospheric cdensity with the cerresponding Mars
values,.

Perzrocket System |

For a Mars landing, a perechute system is not as efficieut ss for Zarth
since the ztmospheric dernsity at the surface of the planet is considerably
less than that of Earth. The combination of the less dense atmosphere

and the smaller gravitational force shifts the optimum parachute terminal
velocity to a higher value. :

The same system parameters were varied as in the case for the Earth landing
system. The effect of parschute terminal velocity znd rocket F/W on system
weight for impact velocities of 10 and 25 ft/sec respectively are presented
in Figures 126 and 127. The optimum pararocket system weights and optimum
F/W values obtained from Figures 126 and 127 are presented in Figures 128 and
129 respectively.

For a design impact velocity of 10 ft/sec anc nominal weight assumptions,
the optimum Vo, is 120 ft/sec (Figure 128) and the optimum rocket F/W is 0.925

(Figure 129)." Under these conditions, the pararocket system is L.L percent

of the vehicle weight. The corresponding data for a 25 ft/sec impact velo-
city are 120 ft/sec, 0.85 and L.O percent fer Vp, F/W and percent of vehicle
weight respectively. .
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. Parachute/Retrorocket/Impact Device System

The optimum parachute terminal velocity and rocket F/W of s pararocket
system for a Mars landing are presented in Figure 130 as 2 function of
impact velocity. The weights of these optimum systems, along with the
weights of parachutes and frangible-tube impact devices alone, are shown
in Figure 131 . The low density of the Mariian atmosphere results in
excessively heavy parachutes for possible parachute/impact device systems.
This combination was therefore examined only briefly for use in the Mars

- landing application. The pararOCket/impact device weights were

combined to cbtain the overall weight of the terminel decelerztion system

s & function of impsct velocity. The results, prasented in Figure 132,
ndicate en optimus impsct veloecity of 35 ft/sec, though a variation of .

+ 15 ft/seccan be epplied without significantly penalizing the weight

of the landing system. The optimum combined persrocket/impsct device system
constitutes spproximstely L.7 percent of the landing vehicle weight,

N

=

Effect of Off-Optimum Opersticn of the Retrorocket. For a Mars landing,

the optimum system (a psresrockei and a frarngibie-tube impact device) hes an
impact velocity of 35 ft/sec. The cptimum psrzchute Vr is epproximately
120 ft/sec and the optimum rccket F/W is approxiretely 0.80., If theretro-
rocket operates under nominal conditicns, the ignition occurs 256 feet above
the surface and the burning time is 3.3 seconds. For this preliminary
anslysis, the deceleration during retrcrocket operation wzs sssumed to be
constant.

If the rocket thrust is incressed 5 percent, and it fires until touchdown,
the impact velocity will be 25 ft/sec assuming £ percent sdditional propel-
lant is available. If the thrust is decrezsed by © percent, the vehicle
will strike the ground at L5 ft/sec, before the 3.3 firinz time has
elapsed. -

If ignition occurs 1 second early (L.3 seconds before touchdown), the
desired impact velocity will occur sbove the surface. Assuming that the
rocket operates at design thrust, the vehicle will continue to decelerate
to an impact velocity of 9 ft/sec at touchdown, again providing sufficient
propellant is available. If the ignition occurs 1 second early, and the
engine fires for the nominal 3.3 second period, the design impact velocity
(35 ft/sec), and burnout, will occur L8 feet sbove the surface. The vehicle
will then have a parachute-drag force acting on it and the impact velocity
will be slightly higher than 35 ft/sec. :

If ignition occurs 1 second late, the vehicle will not decelerate to the de-
sired impact velocity and would strike the surface at approximately 60 ft/sec.
Design of the frangible-tube system for 60 ft/sec rather than 35 fi/sec
impact would increase its weight from 0.9 to 1.6 percent of the gross weight.

198
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Thus, actual overall system weight would be 5.6 percent of gross weight
rather then the L.7 percent gross weight shown previously.
variation in time used in this znalysis is probsbly somevhat high, but

the preliminary results emphasize the fact that lzte igni

_critical item.

System Selection

e 3K Dol |

8;(:“1
ct+
3 pe D

em weignt than use cf a parachute only.
‘s not chown in the figures presented.)

e thrust-to-(Earth) weight of the retrorocket zrd the terminal

The l-second

tion is s

results indic:te that fer design impact velocities below 75 ft/sec,
srarccket system (parachute plus retrorccket) results in-a lower

(This result was computed

.

Avmranmwrimad Ard I miym

ATPTroXimate Cpuvlimun values

veiceity of the perachute, bzsed on a2 design impesct velocity of 10 ft/sec,
are U.9 and 120 ft/sec respectively; the cptimum pararocket represents L.l

percent of the landed gross weight.

The lightest overall system obtained

was a perarccket/impact device combination with an impact velocity of
35 f4/sec, s rocket F/W of 0.8, and a parzchute terminal velocity of
120 ft/sec; the system constituted k.7 percent of the lsnded weight .

A summary of the minimum—weighi systems for the cptimum impact ﬁelocity,
snd for impsct velocities of 10 ft/sec . and 25 ft/sec, is presented in

Table 26 .

TABLE 26

COMBINED SYSTEM WEIGHTS

Optimum Vp = 35 ft/sec

Vg = 10 ft/s=c

VP = 25 ft/sec

Minimum Weight
Configuration

Percent Gross Weight

Pararocket/Impact
device

L.7

Pararocket/
Impact device

5.0

Pararocket/
Impact device

L.8

Preliminary analysis of the retrorocket indicates that the most critical
conditions are low thrust level operation or late ignition.
conditions result in impact velocities considersbly above the expected
value. Thus in the actual design, the impact energy absorbing device

must be designed with an adequate margin for errors in impact velocity.
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MAR® PROPULSIVE TAKEOFF AND LANDING

~dvanced planetary missions include landings on, and takeoffs from, the
planet Mars. The takeoffs must be propulsive maneuvers. Although
the propulsive aerodynamic braking analysis hzs shown that aerodynamic
decelerstion is,in general, more efficient, early missions may, because
of atmospheric uncertainties or mission philosophy, use a propulsive
larding. Therefore, propulsive landingsand takeoffs were investigated.
Integreted “rejectories for & Mars takeoff to z 300-n mi circular orbit
srd for a llars propulsive landing from a 50-n mi circular orbit were
determined in the present study. 4&n O /Hz vehicle was assumed in all
ses. Both the launches znd the landing were assuned to take place in the
ction of n",ngtgry rotztion 2t the planet: ary equator.

Trzjectory Characteristics

Takeoff Maneuvers. In the type of simulated takeoff trajectory con31dered,
the vehicle first rises vertically. The vehicle then turns, and the

flight continues with thrust parallel to velocity. If necesssry, in order
to prevent negative flisht peth encles, the tlrust psrellel-te-velocity mon-

Y

cuver is terminsted ond & constant-gltitude, vorisble thrust-orientaticn-ancle .

maneuver is Lsed for the remainder of this propulsive phazse. The maneuver
s terminated when the vehicle has sufficient velocity to cozst to the
sired orbital sltitude. After the coast-ic-orbit eltitude, a constant-
titude, vsrisble thrust-orientation-sngle maneuver incresses the
rehicle velocity to orbital velocity. The angle thrcugh which the
vehicle turns t¢ initiate the thrust parallel-to-velocity maneuver is
cptimized to determine the meximum payload the vahlcle will deliver.

ﬁ. l""

o
~

1

>}

< 0

Larding lManeuvers. In the simulated continuous-ccwered landing trajectory

considered for the Mars propulsive landing, the vehicle first decelerates
from orbital velocity using a constant altitude, variable thrust-orienta-
tion-angle meneuver. Following this maneuver, the vehicle enters a thrust
parallel-to-velocity maneuver which continues until the vehicle is near
the planet surface with a low velocity. The vehicle then turns amd
descends vertically to the surface.

The planetary landing considered in this study takes the vehicle to a
point near the surface with zero velocity. The final hover-translation
phase of the landing was not included.

203

608-B {{ EDGER) REV. 1-58




®

ROCKETDYNE

A DIVISION OF NORTH AMERICAN AVIATION. INC

Vehicle Description

A single stage vehicle was selected for both the Mars landing and takeoff,
since velocity requirerents are in the range efficiently performed by a
single stzge. Vehicle thrust-to-Mars weight ratios between 1.2 to 2.0
were considered. TFor the Mars takeoff, which was considered to be the
mareuver of primary interest, the stage jettisoned weights were determined
using thrust-derendent {KE) and prorellant-dependent (KT) weight factors.
This a2llower the selecticn of sn optimum thrust-to-weight ratio for this
megreuver, Propellart-dependent jettisoned weight was assumed equsl to
0.10 times the propellant weight and thrust-dependent jettiscned weight
was assumec equal to 0.02 times the thrust level. For the Mars landing,
an integrated trazjectcry wss determined only for an initisl thrust-to-(Mars)
weight ratio of 0.855. This resvlted in a thrust-to-{llars) weight of
zbout 2,0 at touchdown. For the landing stage, the stage propellant
frection was assumed to be 0,90, ,

The charzcteristics of the engine systems used in this study are presented
in the following table. The engine systems considered are representative
of pump-fed designs using 02/H2 propellants, ‘
TABLE 27
ENGINE PERFORMANCE

Mers Takeoff and
Landing Engine

Chamber Pressure 650 psia
Nozzle Expznsion Area Ratio 50:1
Vacuum Specific Impulse 132 seconds
Surface Specific Impulse 111 seconds

The drag coefficients used in the study are presented in Figure 133 .
Curve A is similar to the characteristic for conventional, Earth-
launched ballistic missiles, and was used in both the landing and takeoff
analyses. Curve B has Cp values twice those of curve A, and was intro-
duced to illustrate the effect of vehicle drag characteristics on the
takeoff maneuver. :

Results
From the integrated trajectories camputed; a curve of ideal velocity re-

quirement. versus takeoff thrust-to-weight ratio was determined for a Mars
takeoff to a 300-n mi circular orbit. This information is presented in

20l
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Figure 134 . The paryloca~tc-gross weight ratio for the assumed Mars takeoff
s-age is presented in Figure 135 . A tekeoff thrust-to-(Mars) weight

of about 2.0 provides the highest vehicle payload for a given vehicle
gross weignt as indicated in Figure « A lower thrust-to-weight ratio
would be selected if the maximum payload for a given thrust was desired.
The two drag curves considered yield payloads which differ by about 7
percent,

The ¥ars lznding from a 50-n mi orbit required a st age~ideal velocity
incremani of 12,430 fit/sec. This idezl velocity is significantly
different from the idezl velociiy requiremenis for the takeoffs, which
range Srom zhout 14,000 to 16,000 ft/sed. Part of this differcnce (about

7:“ £+/s22) is due to the d-fferen*e in orbit height. The landing ideal
velocity requirement is slso lower because of the effect of drage The
arsg ?o“pn, which zcis %2 slaow the vehicle, zs:sicsts the propulsive thrust
during the lsading but op oses the t wrust during takeoff. The landing
vehicle hes a payload ~to-gross weight ratio cf 2,34 for a siage propel-

lant fracition of 0.90.

Only one type of trajectory was considered for each maneuver in this
study. Other trajectory tvpes might result in a more optimum flight path
and conseguently higher rayloads than those presented.. Iq addition, the
eff2ct of thrust-to-weight ratio was not considered for the lars landlng.
The idesl velocity recuirements presented inthiz study therefore are not
necesc“rily as low as those that might be obtezined by noe detsiled
analysis, but tney do indicate the approximaste vzlocity msgnitude required.
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EARTH-VENUS MISSIONS
TRAJECTORY SELECTION
The trajectory characteristics of several Earth-Venus missions are'presented

in Table 28 . The indicated missions are repeated every 58l days. Because
the orbit of Venus is very nearly circular (eccentricity of 0.007 as compared

- to Mars-orbit eccentricity of 0.093), the cycle-to-cycle repeatability of

Venus missions is close to exact.

The minimum-energy mission, items (3) and (5), resemtles the minimum-energy
Mars mission described earlier in that a long (L57 day) Venus stay-time is
recuired while awaiting the appropriate Earth-return launch date. For
shorter trips, the optimum mission might be selected by minimizing total
velocity requirements; this is approximated by the 356 day trip represented
by items (1) and (2); alternatively, it might be more effective to increase
the Earth-departure propulsion requirements, item (6), since the limited
space exposure of the system greatly reduces shielding and insulation
requirements for propellant tanks,resulting in a higher propellant fraction
in comparison to Venus maneuver propulsion systems . The resulting high
Venus arrival velocity is relatively unimportant since aerodynamic braking
is likely to be employed. A reasonably favorable Earth-return phase,

item (7), is obtazined. Equally, or perhaps more, important than the modest
reduction in Venus-departure velocity requirements, as compared to item (2),
is the 80-day reduction in required propellant-storage duration for the:
Venus-departure propulsion systém.

As in the previous case of Mars trajectories, there is insufficient design

~ irformation available to warrant a firm preference for one mission profile

over another. On the basis of available evidence, the 300-day mission
described in items (6) and (7) may be suited to a manned Vems expedition.

TERMINAL CORRECTIONS FOR EARTH-VENUS TRAJECTORIES

There are alternate landing concepts applicable to Venus landing missions.
The vehicle can first enter an orbit about the planet, and from there
descend to the surface. Alternately, the space vehicle can employ atmos-
pheric braking for direct descent to the surface. In either case, there

is a necessity for termminal corrections since midcourse correction analyses
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for the missions studied have shown that the vehicle will not approach
the planet within allowable accuracy tolerances. The propulsion require-
ments for the terminal corrections have been evaluzted.in a manner similar
to the Earth and Mars studies. :

Propulsive Orbit Establislment

An analysis of terminal corrections recuired-for missions which include
establishment of a 300-n mi circular orbit by propulsive maneuvers has
been performed in conjunction with another study . The method of analysis
is presented in Reference 2 . The Earth-Venus trajectory used in the
anzlysis is sumearized in Table 29 .

TARLE 29
EARTH-VEKUS TRAJECTORY FOE ORRIT ESTABLISHMENT MISSION

Launch Transfer Hyperbelic Nominal Asymptotic Actual Asymptotic

Date Time, Arrival Velocity, Approach Distance, Approach Distance,
days Ft/sec n mi n mi
20 Nov., 1965 150 12,500 10,000 . 12,850

The actual asymptotic approach distance resulting from midcourse correction
iraccuracies was 12850 n mi, a deviation of 2850 n mi from the desired value.
The relatively long transfer mission and related low hyperbolic arrival
velocity was selected as representative of propulsive ortit-establistment
missions since faster missions usually result in excessive propulsive AV

and propulsion system weight requirements.

The terminal correction velocity requirements for the mission are presented
in Figure 136 along with the equivalent requirements for several values of
asymptotic approach distance. A crossplot of the curves is shown in Figure
137 to indicate the decrease in correction velocity increment with reduction
in asymptotic approach distance deviation.

Additional analysis of terminal correction errors was performed to evaluate
deviations in altitude of the propulsively-established orbit. The errors
encountered were range-dependent, and therefore their effects were evaluated
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as u function of range (Figure 138 ). An allowable tolerance of 10 percent
(30 n mi) in the deviation of apoapsis altitude of the orbit was selected
Jor determining the appropriate range for applying the terminal correction.

The correction range obtained frem Figure 138 and the magnitude of the

correction velocity increment (Figure 136 ) corresponding to that range
are given in Table 30 '

B ahd d A L]

TABLE 30

TER{INAL CORRECTICN FOR VENUS ORBIT-ESTABLISHMENT MISSION

Mission Nominal Orbital Apoapsis Altitude Correction Terminal
Altitude, Tolerance, Range, Correction AV,
nmi - n mi n mi ft/sec '
Earth-Venus 300 30 61,000 550

- Atmospheric Entry

Terminal corrections required for direct aerodynamic entry into the Vemusian
atmosphere were analysed in a manner similar to previous Earth and Mars
studies. The Farth-Venus transfer is described in Table 31 .
TABLE 31
EARTH-VENUS TRAJECTORY FOR ATMOSPHERIC ENTRY MISSION

Trajectory Launch Trip Hyperbolic

Number Date Time, . Arrival Velocity,
(see Table ) ) . days ‘ ft/sec
S 5 April 1965 265 15,900

The study was based on a nominal initial thi'ust~to-(Earth) weight ratio of
0.3; however, a wide range of F/W values can be utilized without changing
the results obtained. -

FORM 608-8 (LEDGER) REV. 1-58
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The deviation from nominal asymptotic approach distance which existed
at conclusion of the midcourse correction maneuvers is indicated in
Table
TABLE 32
’ ‘ VENUS ARRIVAL CCNDITIONS

Trajectory Hyperbolic Nominal Deviation = Actual -

Number . Arrival  Asymptotic = in D (AD), Asymptotic
(See Table )y) Velocity, Approach n mi Approach
ft/sec Distance (D), - Distance (D,),
n mi n mi
5 15,900 7780 ‘ 3150 10,930

The combination of V_,, and Dy from Table 32 represents -a trajectory with
atmospheric entry conditions outside the allowable Venus entry corridor
described in Figure 139 . Therefore, terminal corrections were applied to
modify the trajectory. The terminal correction objectives are given in
Table 33 .

.TABLE 33

NQIINAL ENTRY CCNDITIONS INTO THE ADMOSPHERE OF VENUS

Trajectory Entry Entry Entry Trajectory
Number Altitude (hg), Velocity (Vg), (Vg/V,,) Elevation Angle (*g),
feet ft/sec degrees
5 1435,000 36,870 1.57 " =7.55

The magnitudes of terminal corrections are plotted in Figure 1)0 as a
function of correction range. Correction velocity magnitudes are pre-
sented for several values of deviations in asymptotic approach distance
to indicate the influence of that parameter.

The study of measurement and execution errors encountered in terminal
corrections produced the rms deviation in entry velocity and entry tra-
jectory elevation angle indicated in Figure 1} . The deviation in entry
velocity is insignificant. The allowable deviation in trajectory elevation

26
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angle at entry establishes the required range for .application of the
 terminal correction. For a single correction, the range and the
corresponding velocity increment are shown in Table 34 .
TABLE 3L )

SINGLE TERMINAL CCRRECTION FOR VENUS ATMOSPHERIC ENTRY

Trajectory Entry Corridor Entry Angle Correction Correction
Number Half-Band Width, Deviation, Range, - Velocity Increment,
Degrees Degrees nmi ft/sec
5 0.4 _ +0.L 14,000 - 3,800

The velocity requirements for a single terminal correction were considered
excessive; therefore, the use of two corrections was investigated. In the
dual correction scheme, the first correction was applied at 100,000 n mi.
An error analysis study of a second correction applied to this corrected
trajectory gave the resulting rms deviations in entry parameters shown in
Figure 142. The entry angle was the predoninant factor to be considered.
A second correction range was determined to give an entry angle deviation
which satisfied the entry corridor requirement.

The dual correction scheme is summarized in Table 35 .

TABLE 35

SUMMARY OF TERMINAL CORRECTIONS FOR VENUS ATMOSPHERIC

ENTRY MISSION
Trajectory Entry Corridor Correction Entry Angle Correction. Total
Number Half-Band Correction Range, Deviation, Velocity Terminal
. Width, n mi degrees Increment, Correction
degrees ft/sec AV, ft/sec
5 o 1st 100,600 + b7 190
: 2nd - 16,000 + 0.k 130 620

220
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The use of dual correction schemes greatly reduced the velocity requirements

of terminal corrections for atmospheric entry at Venus. The magnitude of

tle saving, 3180 ft/sec, clearly warrants the use of a dual correction scheme,
despite the addition of a requirement for engine restart capability. With

the terminal corrections, the required entry corridor can be successfully
established, as in the case of Earth and Mars, without an additional propulsive-
dcceleration phase, '

PROPULSIVE VENUS ORBIT ESTABLISHMENT AND DEPARTURE MANEUVERS

The propulsion requirement nomographs utilized in the thrust-to-weight (F/W)
optimization analysis for Venus orbit establishment and departure maneuvers
are presented in Figures 13 ard 14);. The techniques described previously
were employed to determine the optimum F/W values for representative non-
cryogenic and cryogenic systems.

The results presentéd in Figures 145 and 11j6 considered in conjunction with
earlier results for other planets, indicate a consistent optimum thrust-to-
planet-weight ratio for orbit establishment maneuvers. This is demonstrated
in Figure 1473 corresponding values of thrust-to-Earth-weight ratio are
presented for comparison. _ :

The effect of hyperbolic arrival velocity on payload capabilities for a
Venus orbit establisiment maneuver is shown in Figure 1h8for a cryogenic
propulsion system. It is evident that combinations of sufficiently high
excess velocity and sufficiently low propellant fraction can result in

zero payload capability; this result, however, is for all-propulsive orbit-
establistment maneuvers, and does not consider the possibility of aerodynamic
braking. :

VENUS ORBIT ESTABLISHMENT FOLLOWING AN ATMOSPHERIC GRAZE

The feasibility of establishing a Venusian orbit using an atmospheric grazing
maneuver followed by a propulsive maneuver has been investigated in a similar
manner to the analysis performed for Earth. The entry and exit altitude for
the Vemusian atmosphere is 435,000 feet,and the entry and exit angles range
from 5 to 10 degrees. Three impulsive techniques for establishing
an orbit following the graze maneuver have been investigated: 1) two-impulse,
direct-to-orbit, 2) coast-to-apoapsis, then two-impulse-to-orbit, and 3) a
three-impulse maneuver. These schemes are discussed in the section dealing
with Earth orbit-establisiment maneuvers.
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Earth ‘ h
Mars ‘ y
Venus . v
0.1 0.2 - 0.3 Oh 0.5 0.6 0.7

Thrust-to-Planet Weight

Earth / v
Mars | v.
Venus v
0 04l 0.2 0.3 0.h4 0.5 0.6

Thrust-to-Earth Weight

Fige. 147, Thrust-to-Weight Comparison for Nominal Planetary Vehicles
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Figure 148,
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The impulsive veloci‘by'requirements for the three schemes are presented in
Tigures 149 through 153 . A sumrary of the three schemes is given in

 Figure 154 for an exit angle of 5 degrees. A trend similar to that noted

in the Earth analysis is indicated in these figures in that Schemes 2 and 3
yield the lowest velocity requirements over most of the range of exit
velocities, Scheme 2 for exit velocities less than 30,000 ft/sec and Scheme
3 for exit velocities greater than 30,000 ft/sec.

For vehicles capable of executing a graze maneuver, a propulsion savings,
as in the case of FEarth and Mars, can Be achieved. ‘ :

*PROPULSIVE/AERCDYNAYIC BR:/KING MANEUVER FOR VENUS ENTRY

The analytical techniques and assumptions reguired for the analysis of
propulsive/ aerodynamic -landings were described in detail for Earth re-entry
svstems. The results for a parametric study of a Venus entry vehicle are
presented in Figure 155 . The results show that for current ablative heat
shield weight estimates, the heat shield is more efficient than a propulsion
system. The optimum propulsive AV for a mission characterized by a particrlar
hyperbolic excess velocity is equal to the vertical distance between the
arrival velocity curve and the optimum entry velocity curve for the appropriate
ablation characteristic. (See Figure 82 for the ablation weight curves.)

VENUS TERMINAL DECELERATION PHASE SYSTIMS

The high density of the atmosphere at the surface of Venus suggests that
for parachute/retrorocket/ impact device systems, the optimum parachute
terminal velocity will be substantially lower than it is for Earth or Mars
landing systems. The present analysis was similar to those conducted for
Earth and Mars, and was directed at optimization of parachute terminal
velocity (VT) and rocket F/W for fixed impact-velocity systems, and timi-
zation of Vp, F/W and impact velocity (Vp) for parachute/retrorocket/impact
device systems.

Pararocket System

The effect of F/W and Vp on the weight of pararocket systems for Vems
landings is presented in Figure 15 . The optimum parachute terminal
velocity is 4O ft/sec, as compared to 70 ft/sec for Earth and 120 ft/sec
for Mars. The effect of increasing parachute weight by 50 percent is shown
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in Figure 157 , and the effect of raising the impact velocity to 25 ft/sec
is illustrated in Figure 158 . If the parachute system weight is increased
by 50 percent, the system is only slightly heavier, and optimizes at a
terminal velocity of 50 ft/sec and a slightly higher F/W.

ot

159 , th nm total system weights are presented as a function
f Vp. In Figure 160 , the optimum Earth F/W values are given. For a
design impact velocity of 10 ft/sec and nominal weight assumptions, the
optimum Y? and F/W‘values are L2 ft/sec and 1.22 respectively as shown in
Figure 159 and 140 .

(e}
v

In Figure 159 , the optimum
0

If the design impact velocity is increased to above 25 ft/sec, the optimum
terminal velocity shifts to below LO ft/sec and the optimum F/W is less than
one. (The computer program analysis utilir~d in this study was restricted
to a local F/W 2 1; therefore, the optimization of 25 ft/sec impact velocity
system was not completed.) With the optimum terminal velocity below LO
ft/sec, and a 25 ft/sec impact velocity, the AV requirement of the rocket

" is small. Tt would seem more reasonable to allow the parachute to perform
the entire retro task since the weight penalty for this nonoptimum system
would be very small.

Parachute/Retrofocket/Impact Device System

The parachute terminal velocities and F/W values for optimm Venus landing
pararocket systems are presented in Figure 161 . The weights of these
systems, along with the weights of parachutes and frangible-iube impact
devices, are shown in Figure 162 . The weights of two types of overall
landing systems, one comprised of a parachute and impact device, and the
other, of a pararocket and impact device, are presented in Figure 163 .

The results indicate that the pararocket and frangible-tube system is

lighter for design impact velocities up to 25 ft/sec; for a higher design
VF,.the parachute and frangible-tube system is lighter. The minimum-weight
system has an impact velocity of approximately LO ft/sec, uses the parachute
and frangible-tube device, and has an approximate system weight of 1.8 percent
of the landing vehicle gross weight.

System Selection

For impact velocities below approximately 25 ft/sec, a pararocket combination
is lighter than a parachute. The optimum system for a Venus landing, based
on a 10 ft/sec impact velocity, is a pararocket with the rocket F/W at 1.2

238
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and the parachute terminal velocity at LO ft/sec. The optimum pararocket
constitutes 2.7 percent of the landed gross weight.

If impact velocity is unrestricted, the optimum landing system is a
parachute, with terminal velocity equal to L2 ft/sec, in conjunction with
a frangible-tube impact device. The overall system respresnts 1.8 percent
of the landed weight.

A summary of the minimﬁn-weight systems for the optimum impact velocity,

and for impact velocities of 10 ft/sec and 25 ft/sec, is presented in
Table 36 . :

TABLE 36

COMBINED SYSTEM WEIGHTS

System . Configuration Impact Velocity  Percent Gross
: ' (Vp), ft/sec Weight
Minimum Weight Parachute/Impact L2 1.8
Device '
Limited 'VF Pararocket/Impact 10 3.2 '
- Device
Limited V; = = Parzrocket/Impact - 25 2.7
‘Device :
Limited Vp Parachute/Impact 10 5.0
Device
Limited Vp Parachute/Impact 25 . 2.7
S Device . -

VENUS TAKECFF PROPULSION REQUIREMENTS

Takeoff from the planet Venus is a pro'pulsive maneuver made particularly
difficult by the high drag resistance and poor rocket performance experienced
at low altitudes in the dense Venusian atmosphere. Integrated trajectories

2L6
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for Venus takeoff to a 300-n mi circular planetary orbit were computed to
determine the propulsion requirements for performing the takeoff maneuver.
An 0o/H, vehicle was assumed in all cases, and the launch was assumed to '
take place in the direction of planetary rotation at the planetary equator.
A conventional, thrust-parallel-to-velocity maneuver, described in greater
detail in an earlier discussion of Mars takeoffs, was employed; the vehicle
drag characteristic, shown as Curve A of Figure13) , was also obtained from
the previous analysise. '

Because of the high ideal velocity requirement of the mission, 2, 3, and L
stage vehicles were utilized for the Venus takeoff. First stage thrust-to-
(Venus) weight ratios of 1.3 to 1.7 were considered. In most cases, upper
stage thrust-to-weight ratios were set equal to first stage thrust-to-weight
ratios. For the two stage vehicle, however, alternate second stage thrust-
to-weight ratios were also considered. The stage propellant fraction was
assumed to be 0.90. :

The characteristics of the engine systems used in this study are presented
in Table 37 . The engine systems considered are representative of pump-
fed designs using Op/H, propellants. ‘

' TABLE 37

ENGINE PERFORMANCE

Venus Takeoff Engines

First Stage| Upper Stages

Chamber Pressure, psia : 1000 1000 1000
Nozzle Expansion Area Ratio 5:1 1 50:1 10:1
Vacuum Specific Impulse, seconds | 381 L35 o Lo3
Surface Specific Impulse, seconds| 310 =277 260 .

The 50:1 expansion area ratio engine was used in the second stage of the
2-stage vehicles, the third stage of the 3-stage vehicles, and the third
and fourth stages of the L-stage vehicles. The 10:1 expansion area ratio
engine was used as a second stage engine in both the 3 and k-stage vehicles.

U7
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The results for the analysis of Venus takeoff to 300 n mi orbit are pre-
sented in Table 38 , This table shows the thrust-to-weight ratio of
each stage and the corresponding ideal velocity requirement necessary for
mission accomplishment. The payload which would result if each stage had
a propellant fraction of 0.9 is also presented.

A particularly interesting result which emphasizes the influence of the
dense Venusian atmosphere is that the ideal velncity requirement for the
Li-stage vehicle is the lowest value of the entire list. Generally, the
presence of a large numter of stages, because it implies a comparatively
low time-averaged thrust-to-weight ratio, yields a high ideal velocity
requirement for a given mission. In this case, however, high acceleration
increases drag losses so rapidly that it is more efficient to operate at
lower thrust-to-weight ratios ard to tolerate higher gravity losses. The
result suggests that a throttleable engine (operated regressively until the
vehicle passes above the dense portion of the atmosphere) might be best
suited to the Venus takeoff mission.

It should be emphasized that only one type of trajectory was considered in
this study. Other trajectory types might result in a more optimum flight
path and consequently higher payloads than those presented. The ideal
velocity requirements presented in this study therefore are not necessarily
as low as those that might be detemined by more detailed analysis,
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